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FOREWORD

This report documents the results of work performed under Contract
NAS 8-5026. Work was initiated in March 1962 and continued through
January 1963. Definitive conclusions are presented, based upon the
ground rules established. Included in this report is a developmental
cost breakdown as required by the contractual work statement. This
report has a classified addendum, under the same report number,
which contains the results of a radar mapping system study and a
nuclear propulsion system study.
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SECTION 1
INTRODUCTION

1.1 DEFINITION OF EMPIRE STUDY, The EMPIRE study is concerned with Early
Manned Planetary-Interplanetary Roundtrip Expeditions. The purpose of the study is
to provide deeper insight into the problems involved in the tremendous undertaking of
manned missions to the vicinity, and where possible to the surface, of other planets.
Since missions of this kind may be only 10 to 12 years away, it is quite realistic to
start considering them seriously at this time. Therefore, General Dynamics/Astro-
nautics welcomed the opportunity to participate in this study.

Primary emphasis was to be placed on capture missions. The practical feasibility of
undertaking such missions was to be investigated, assuming chemical and nuclear heat
exchanger engines and defining the propulsion systems required. Operational aspects,
including emergency conditions, and a variety of mission modes were to be considered.
Vehicle design considerations were to include all important subsystems, specifically
propulsion structure, life support system, Earth entry vehicle, cryogenic storage,
communications, power supply, and guidance. The scientific mission aspects were

to be investigated. Finally, a development plan and a funding plan were to be included.

In relation to other key development programs, it is the objective of the EMPIRE study
to contribute to a definition of requirements for a Post-Saturn Earth Launch Vehicle
(ELYV), to furnish potential goals for operational nuclear engines and to investigate

the requirements and lead times, in general, for the development of an initial manned
planetary exploration.

1.2 PRINCIPAL CONCLUSIONS. The following study conclusions are presented:

a. Particularly favorable mission periods to Mars exist in 1973 and 1975. There-
after conditions become less favorable from the standpoint of mission energy
requirement as well as solar activity. Conditions become favorable again in 1984
on both counts.

b. With nuclear powered vehicles having specific impulses in the lower 800-sec
region, roundtrip missions can be flown which permit a planetary capture period
of 30 to 50 days at a total mission period which most frequently lies between 400
and 450 days for Mars and between 350 and 400 days for Venus missions.

¢. The orbital departure weights of the nuclear ships for these missions vary in
comparatively wide limits, because of the many variables involved. Given a
crew of eight and an initial payload of the order of 100, 000 1b, the orbital departure
weight of the complete ship tends to fall into the 1200 to 1400 metric ton (t) region
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6
(2.5to 3 x 10 1b) for Mars and into the 500 to 700 t category (1.2 to 1.5 x 106
1b) for Venus.

The energy requirement for capture missions can be reduced considerably (20 to
33 percent) by entering an elliptic rather than a circular capture ellipse. Ellipti-
cities of interest range fromn =r,/rp =4 ton = 20. Most of the energy (hence,
departure weight) saving is realized between n = 1 (circular capture) and n = 4
(about 25 percent).

For Venus, for which manned surface excursion during the capture period would
not be considered, and where planetary surface reconnaissance must rely on
high-resolution radar measurements, elliptic capture orbits up to n = 20 are of
potential interest, The azimuth resolution of the radar system can be independent
of altitude so that essentially only the power requirement, which increases rapidly
with altitude, appears to be the limiting factor.

For Mars, with consideration preserving the manned surface excursion capability,
the region 1 < n < 4 is of interest.

In all cases, when elliptic capture orbits (especially for large n-values) are used,
separate predeparture maneuvers might have to be carried out for the purpose

of rotating the major axis of the ellipse in such a manner that departure near the
periapsis is assured (this is above and beyond a possible plane change maneuver
which preferably is combined with the departure maneuver proper for reasons of
propellant economy). Departure near the apoapsis, or significantly (>90°) off
the periapsis, should be avoided since it tends to reduce or offset the energy
advantage gained by using an elliptic capture orbit in the first place,

Compared to capture orbit ellipticity, all other means of reducing the orbital

launch weight are less effective. For example, eliminating the Earth capture retro-
maneuver (whose purpose it is to replace the planetary entry conditions by Apollo
entry conditions) and entering hyperbolically was found to reduce the launch

weight by only 10 to 15 percent for the mission profiles and propulsion system
(high-p; O2/Hg for the capture engines) . Reduction in crew size (standard size

is 8 persons) from 8 to 6 or 4 is comparatively even less effective because the
heavy radiation shield weight is not very sensitive to variation in crew size.

Nevertheless, by combining high-eccentricity capture orbits with drastic reduction
in crew size, very low departure weights can be obtained, even for all chemical
ships. For example, a four-man Venus ship (1973 mission) capturing in an

n = 20 orbit has an orbital departure weight of 436 t (962, 000 1b) although it is
chemically propelled (high-p, O3/Hg, Isp = 455 sec) for all maneuvers). An
all-chemical two-man Venus ship for the same conditions weighs 320 t (700, 000

Ib) at departure.
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It is concluded that the crew number should not be reduced below six and that the
preferred minimum is eight, because it leaves the flight commander and the

flight surgeon outside the duty cycle and retains therewith a reserve capability,
Interplanetary ships with four or two men aboard definitely must travel in crew
vehicle convoys for mutual support; even then, it must be accepted that for several
hours in a particular ship nobody is on control room duty. Depending on the degree
of surface excursion effort planned and on the length of the capture period, the

crew size is more likely to grow beyond eight than to decrease.

When nuclear vehicles are used it is advantageous to concentrate the crew in one
vehicle. The convoy consists in this case of a crew vehicle and one or two service
vehicles carrying auxiliary vehicles, spares and contingency fuel and serving as
emergency crew vehicles. The reason for this is crew safety against side radiation
from the reactors of ships in the convoy. If only one ship contains the crew, this
vehicle takes the lead. The others, which are far less radiation sensitive, are
lined up behind it. Engine ignition sequencing makes sure that a service vehicle
cannot pass the crew vehicle, '

The convoy vehicles (crew and service vehicles) are strictly modularized, standard-
ized and designed to be as easily exchangeable as possible under given conditions.
Thereby the crew is offered maximum flexibility to cope with emergencies in a
variety of ways (parts exchange, propellant transfusion, or weight reduction) .

Even the crew section is modularized and orbital equipment arranged so that part

of it can be sacrificed if necessary, The crew modules as a whole can be trans-
ferred from the crew ship, if it has to be abandoned, to any one of the service
vehicles (the '"head' which is most heavily protected can be placed on a new "body"
to improve crew survival probability) .

Nuclear propulsion is most important for missions of this type. It is most desirable
from the systems engineer's viewpoint to have a mission engine (engine attached

to the planetary ship proper, in distinction from the engines attached to the

escape booster) which 1) has a long operational life (order of 10-20 hours) and

2) ready restart capability at any time following an engine shut-off. These two
characteristics in an engine of 820 to 850 sec specific impulse are more important
than an Isp gain of 20 to 30 seconds,

If the engine operational life is restricted to one hour or less, the pacing criterion
for engine thrust selection is no longer gravitational loss, but staying within the
lifetime limitations. This requirement imposes in any case a thrust level at which
gravitational losses are no longer significant. ‘

With a short-life engine, the most desirable thrust level lies at 200 to 250 k. The
reason for this specification is that it assures compatibility between a, say, one-
hour engine life, and duration of a given individual maneuver for all practical
mission profiles, It is also a good size for clustering three to four engines to
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drive the escape booster. On the other hand, if the engine can be throttled by
30 to 50 percent, this engine is still not yet to heavy to be used on M-3 (target
planet escape propulsion section) .

Even though the total mission velocity requirement for two missions may be
similar or alike, the departure weights may be noticeably different, because the
velocity distribution over the four major maneuvers (two escape, two capture
maneuvers) are different. A comprehensive (but not yet sufficiently exhaustive)
investigation showed that it is best to have a fairly even velocity distribution,
because of several mutually counteracting factors involved which are discussed
in Paragraph 7-14. It turns out that if any maneuver should require a higher
mass ratio it is best to be M-3 (target planet escape maneuver).

Cometary and meteoritic matter still represent unknown hazards to interplanetary
missions (perhaps the least known ones). For this reason a study of cometary
distribution is included which may serve as the starting point for more extensive
investigations by NASA's Space Sciences Office, It was found that the chance for
the convoy to pass through the coma of a new comet (i.e., one whose elements
are not yet known) is no more than about 1/6000 per year. The distribution of
comet perihelion on the celestial sphere (Figure 4-12) suggests that new comets
may come from almost any direction.

The lack of knowledge about meteor streams which do not intersect the Earth's
orbit is perhaps the most critical aspect of the question of hazards from extra-
terrestrial debris, The fact that Mariner II fared so well on its way to Venus is
reassuring, but by no means conclusive. It is here where the NASA Space Sciences
Office can contribute most significantly to a higher confidence level in the design
and probability -of-success analysis of the manned convoy, by sending long-term
probes into heliocentric orbits in cis-Martian and cis-Venusian space. This

need has been taken into consideration in the EMPIRE Program Schedule (Figure
18-3).

Prelimimry schedule analysis strongly indicates that a 1975 mission to Venus or
Mars is in the realm of realistic technological planning; the most critical technical
item is the nuclear engine (cf. its schedules in the classified addendum to this
report) .

The most critical nontechnical item is money., A preliminary cost analysis which
included the development of a 108-1b payload Post-Saturn Earth Launch Vehicle
($4 Billion) indicates a total funding requirement between FY-65 and FY-75 of
close to $18. 5 billion; i.e., an average of almost $2 billion per annum. Peak
funding requirements of around $2.5 billion per annum occur in the FY-period of
1968-70 (CY 1969-71) . By eliminating the Post-Saturn ELV development and the
nuclear engine development the development cost can be cut by at least $6 billion,

-
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albeit at the price of a severe reduction in mission capability. The interplanetary
ship would have to operate chemically. Several crew ships would be required
because the individual vehicle crew would likely be too small. Capture orbit
would have to be fly-by. The latter offers no significant performance reduction
over an n = 20 capture ellipse,

An initial mission mode analysis has been performed (Section 13) which will be
extended considerably during follow-on investigations to carefully appraise each
combination of mission modes. The investigation shows how much further reduction
in orbital launch weight is possible at the price of additional mating or fuel transfer
activities en route. It is too early at this point in the investigation to present a
firm conclusion,

1-5/6






PART 1
MISSION ORIENTED STUDIES






AOK63-0001

SECTION 2
INTERPLANETARY MISSION PROFILE SURVEY

2,1 DYNAMICS OF EARTH AND TARGET PLANETS. The improvement of the value
of the astronomical unit (A, U.), by the JPL radar reflection measurements on Venus,
permits a more accurate computation of the orbital velocities of Earth and the planets.
Table 2-1 summarizes these for Venus, Earth and Mars.

Table 2-1. Planetary Velocity Data Based on a Solar Gravitational
Parameter K, Computed from 1 A.U. = 149, 598845 - 106
km (JPL, 1962)

KM3/SEC2 FT3/SEC2 A.U.3/sEC?
Ko 13.27154x1010 46,8677079x1020  3,964027x10"14
PLANET __VELOCITY KM/SEC 104 FT/SEC 10-7 A.U./SEC
Venus u, 35. 0209 11,4898 2.3410
U, 35. 2597 11.5681 2.3569
U, 34,7838 11.4120 2.3251
Earth u, 29,7849 9.7719 1.9910
U, 30. 2872 9.9367 2. 0246
U, 29,2907 9. 6098 2.5271
Mars U, 24,1295 7.9165 1.6129
Up, 26. 4981 8.6936 1.7713
U, 21.9726 7.2088 1.4688
U, = ‘/EED% = mean orbital velocity of planet
UP = perihelion velocity
U A aphelion velocity

The ephemerides of Venus, Earth and Mars have been extended to the year 2000, using
the 7090 computer, defining the heliocentric elliptic coordinates, referred to the
equinox of 1 January 1960. This leads to slight errors, of the order of 0.25 degree
in position for the 1990-2000 period, but permits the definition of nodal passages,
inferior conjunction (Venus) and oppositions (Mars) with adequate accuracy for the
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- purposes of this study. The machine-interpolated dates for the above events are
presented in Tables 2-2 through 2-5 and in Figures 2-1 and 2-2, Figures 2-3 through
2-8 show the variation of transfer time, transfer angle and position angles as functions
of the eccentricity of transfer orbit to Venus and Mars for the simplified case of
coplanar circular planet orbits, which is adequate to illustrate the trends discussed
in this and the subsequent section. Comparison of the position angles at departure
@ 92 0, depending on whether target planet leads or trails) and at arrival (¥5 2 0,
depending on whether target planet leads or trails) shows that during these transfers,
which are representative of those considered in this study, inferior conjunctions or
oppositions take place. In fact, for short transfer orbits, departure to Venus may
occur while Venus and Earth are near an inferior conjunction (zbl - 0), or arrival
at Mars may occur while the two planets are near opposition (Y5 — 0). The heliocentric
longitude at which these events occur is, therefore, indicative of the orientation
of the nodal line of the transfer orbit relative to that of the target planet. If the
angle between these two nodal lines is small, most transfer orbits (especially the
shorter ones) are little inclined. If the angle between these nodal lines approaches
90 degrees, most transfer orbits, particularly the short ones, are steeply inclined
and require a correspondingly larger amount of transfer energy. Therefore, ifthe
inferior conjunction or the opposition takes place near the nodes, transfer will
generally be less expensive than if it occurs at points near 90 degrees off the nodal
line of the planet,

Therefore, the position of the target planet with respect to the nodes at arrival (or
departure) time has an important influence on the transfer energy requirement. This
is generally true, independent of target orbit inclination; if the arrival point is located
at 90 degrees off one of the nodes and the transfer angle is to be a maximum, then
the transfer orbit plane must be normal to the ecliptic, no matter what the target
orbit inclination. To bea maximum, certain constellational requirements must be
satisfied at departure. As the departure constellation differs, the transfer orbit .
becomes shorter or longer. In these cases the absolute value of the inclination
becomes a significant factor, since it determines the change in celestial latitude
(heliocentric ecliptic system) which is associated with the particular transfer orbit.
The higher the inclination, the larger the variation in celestial latitude during one
target-planet revolution and the larger the potential change in latitude during a
transfer; hence, the greater the potential variation in transfer energy. Transfer
energies to Venus are governed primarily by the chan)ges in celestial latitude during
transfer, since the Venus orbit is inclined by 3° 23.9 with respect to the ecliptic.
The variation of the celestial latitude of Venus during periods of interest between
1970 and 1980 is plotted in Figure 2-9, Transfer orbits selected for either low hyper-
bolic excess velocities at Earth departure (v} P °r for low values at Venus arrival
(vx o) values close to minimum are tabulated in Table 2-6 for the corresponding
tlme period. A few of the transfer orbits are drawn into Figure 2-9. Of the two
transfer time values given in the third column, the first one belongs to the low -v
transfer orbit, the second to the low -vm2 transfer. The effect of the latitude
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Figure 2-1., Venus Inferior Conjunctions 1961-1999

change during the transfer is clearly apparent in the case of the 1975 transfer where
the transfer orbit inclination is very low and the transfer period indicates a near-
Hohmann transfer. (The Hohmann transfer period between coplanar circular Earth
and Venus orbit is 146 days.) In other instances (1970, for example) the effect of

the comparatively low-inclination transfer is masked by the capture energy require-
ment, which is high because intersection angle with the Venus orbit is large due to the
fast transfer. Therefore, the effect of the latitude change is more clearly apparent
when comparing only the v}, values.

The orbit of Mars is less inclined (i~ 1° 51 l) » but it has a higher eccentricity (0. 0934
compared to 0.0068 for Venus). Thus, for Mars, one faces a combination of the
effect of latitude and of heliocentric distance. During the second half of the 1960's

the celestial latitude of Mars at arrival increases while the heliocentric distance at
arrival decreases. These two opposing effects keep the variation in minimum v;1
small, although minimum v : 1 decreases slightly during the Sixties (Ref. 2-3).

Figure 2-10 shows the variation of the celestial latitude of Mars for interesting time
intervals during the 1971-1980 period. Figure 2-11 shows the corresponding variation
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Figure 2-2, Mars Oppositions 1963-1999

in heliocentric distance, Table 2-6 lists low -v:,I and low -V:,Z transfer missions.
The year 1971 is seen to be exceptionally good, since the latitude of the arrival point
is only b = -0, 443° and the distance at arrival is Ry= 1.443 A.U. (perihelion distance
1.381 A.U.). In 1973, 1975 and 1977, both latitude and distance increase, causing
the transfer energy to rise, In 1980 short transfer orbits are likewise quite expensive
and a reduction in transfer energy can be achieved only by resorting to long transfer
periods. This cannot be regarded as desirable from the viewpoint of a balanced
mission evaluation.

2-4



AOK63-0001

Y ‘poraag I9JSUBI], OIJIJUSDOI[OH

T}

ILPUB ¥ ‘T ‘0 'ON SIIQI0 JOJSUBLL SNUDA — Yaed °g-g oandig
o ‘LIGYO YAASNVYL J0 XLIDIMINA DDA
0°'1 1
—— S
—_——mmm e L "ON "O°L
\I.’l“nWlh
LISHO YAASNVYHL = .07r
S

7N

D)

-O.Z oOorH.\

0 'ON 'O L—]
i

L

0ot

09

091

(SAva) 11 ‘AWIL HAJASN VUL

2-5



AOK63-0001

W ‘918uy JajsuBl], OLIIUIOOISH
iLPUB ¥ ‘I ‘0 "ON S}IQIQ I9JSueBL] SNUSA = YIred °$-g oan3rd

9 ‘LI9Y0 YIJSNVHL 40 A LIDIMINIDDI

0°'9 0°1 1°0
- e us an enjes e e o """""' N‘ oz -O-'H;
"'l-.l"l_l’/’ : \\
T=-ed l(\
F’”l
/VOI
b M
l] 7 /
[ —
— \
— P ™% "ON ‘0"l
/7 oo—
L "ON .o.e\ \
‘ON .o.a\
I 'ON O e/:y
‘n°vegL-o =9y Py
N'V90 =T e e 0 ON O
IR A N i | G —

0¢

0%

09

08

001

0¢1

o1

091

081

(®aa) ‘4 ‘ATONV UAISNVUL

2-6



AOK63-0001

(saojsueay,
yired-joueld jo8ae], Jo 9sB) ul pasaassy are suli§ ‘Yaeqd s[lexl joue(d 198ael J1 oAne3oN ‘yrareq
speo] jour(d 193IBL J1 aAnIsOd SI 9[8uy saajsued], joue(d 19SIel-qireq Jo04) ot pue L ‘tearzay

pue aanjxedeq je so[3uy uoljisod jaue[d 103Ie]L, :L pue P ‘T ‘0 *ON SHQIQ IOJSUBL], SNUSA - YIIBY °G-Z 2anij
8 ‘LIGYO HAISNVYL J0 XLIDIMINADDE
0°9 1°0
- - s ¥ 'ON "'O'L 0
T \ﬂlnl]\\_ = \NnT
— 1 — =
_-—xT - — > L "ON "0'L
l...ﬁl\.-\h..lll. ™ .,. e P=—>l__ 1 '0ON '0O'L
———— S £ 01
-l - ,
- -\ - N )
T~ /A /r\xrt /
—— - ¢ 2
\ Sp - & /. m
\ v B
\ \ 2)
\ \ -
—] ] ., I 'ON "O°L o€ M
\.I.I.Il [
L T .
" :
)
\ N
-. 0 O
1
“ e
L : |
.\“e
"ON ‘0L
\ 0%
"NV 82L°0 = Mm \\;&w
V90 = Um—m— == smse 0 "ON 0°1”
‘A'vero =Yy - 1
09

2-7



AOK63-0001

OTIIUADOTIOH L Pue ¥ ‘I ‘0 °"ON S3IQIO I9JsuBIL SIEN - YIIeld

ua ‘poraad JIoJsueil]
*9-g 9am3Ly

9 ‘LIGH0 YAASNVUL JO ALIDIMINIT 004

09 0°1 H.
R e
]./ I,“/’l-’l
gy .r/l
/ .,/I *
// \ j/
L VF\.; N\
\ / L "ON ‘O ,\// /_ //
TR
\.m.r. . _. /
nmm v -_
N
To” /l\\ \ IN
Py
i - AN
¥ 'ON 'O°L /
1 'ON o.alliy
nvo't=dy 1
A'veo=dg— — — — 0 'ON 'O'Ll-]
N'VY 0 =Y ———— _ /Jy_l

or

09

08

00T

0cl

0F1

091

081

002

0¢ce

ote

09¢

(SAVQ) M ‘IWILL HAASNVHL

2-8



AOK63-0001

a: ‘918uy asjsuea],
OLIJUddoIeH L pue § ‘I ‘0 "ON SIIQIO J9JSUB.L], SIEN >yirey ‘.-z oandig

9 ‘LIY0 YAJASNVYL 40 ALIDIHINA 004

0°1 1°0

L "ON 'O°L j/
.4!/ 09
~— \& //
7 \ _ 08
% 'ON 'O°L 7 001
021
0F1
"N°Vol umm \\)
‘n <w.oumm||||l I 'ON ‘0Lt 091
NV 9°0="go======x" 0 'ON ‘O"L f——
| 1 ———

08T

2-9

1, .
(DA U "TTONVY HAISNVHL



AOK63-0001

(sasysura], paeq-1aue(d 3981e], JO 9SBD Ul posIoAray are sudis
‘ypaed s[redl j1oueld 198ae], j1 oaneSeN ‘yiaed speor] joueld 19818l J1 dAanIsod
s1 o18uy saoJsued] oueld 198xeL-Yyiaed I04) ¢t pue Ha ‘TeAlaay pue aanjxeds(q

1e so18uy uomisod 19ueid 18I :L puR ¥ ‘I ‘0 "ON SHNQIQ JBJSUBLL SIeN - Ylaed °g-g aandrq
9 ‘LIFY0 ¥FASNVHIL JO ALIDTYLNIDOA
0°Y 0°'1 1°0
vnl'lvll“rll‘ u t\l"l\”""l !
—_-—1 'lll’, 1.||.|V.ll il /
o Sl ST o N i i iyl ™.
X = —— — — GS— .ll'l ‘yﬁ\ll — e h.‘/
e e - S N | ﬂ ¥ 'ON O°L
A / \Y\j S /L
—_ /\ N \R\\ < 4/ A
G N
\\ // g, |\\ NN /
T 'ON 'O'L

\ ~¢/ N\ L~
/l/ . I.’/r
AHJ..‘ .—
MMA

L 'ON OB\\\\N\L

) 1= v 'ON 'O'L /
n'veo="49 ———— T "ON .o.eJ\\\\HHHM
: ‘0

] 0 ON 'O'L—]

1TONV NOILISOd

[
\

1, .
(nua) zﬁ! aNv ¢ ‘s

2-10



HELIOCENTRIC ECLIPTIC LATITUDE (DEG)

AOK63-0001

4 ——— NORTH OF ECLIPTI]
3 _ A" ~j.—— — SOUTH OF ECLIPTIC A=t
|~ N T -
~N
9l o y. e /
2 > ~
N L~ » -
1 \\ A A 3Nt
ECLIPTIC —1.F%
14 - | _& /
L TN NV S - byt o B e
2440720, 5 JULIAN DATE 2440820, 5 2440920, 5 2440970, 5
5-14-70 GREGORIAN DATE 8-22-70 11-30-70 1-19-71
‘ 1
= — M T T
\\ . ’4—1 \L\
2 I \ -4 pd
N N |- A
1 \‘ A A =7 L/
N -t - /
- -
. N _t=F TR N
2441320.5 2441420.5 24415205 2441570, 5
1-4-72 4-13-72 7-22-72 9-10-72
4
L P -ﬂ.\ ’
3 7 =
N /M \\ —_‘___—‘}_/,/ ’/..—>~
2k — -
N A B -+~ A I-¥Y 1 -1
, \ | -_2‘ s \ J"" - L o 4 A2
h 1. 4--1T7 -1 - \
ol — - »—u P . o g O
2441900.5 2442000.5 2442100, 5 2442150, 5
8-6-73 11-14-73 2-22-74 4-13-74
4
3 1T T I
N
// A ™
2! 7’ 7 ~
/ A AN /
1 N y4 \\ pa
7 A~ B
/] N/ i ey’
a—lom 35 = o =
2442490, 5 2442500.5 2442590, 5 2442740, 5
3-18-75 6-27-75 10-5-75 11-24-75
4
3 P el e L —
2 // = < \\\
A "z
N 2 |-
LA 15
ey - p
0 e A O R T 3 e e el s 4
2443060, 5 2443160.5 2443260, 5 2443310.5
10-8-76 1-17-11 4-27-17 6-16-77
4
= \‘ = - ~~ /
\ e « A/
9 4 0 A
N L N {24
1 \\ ’1 e I
A P
0 g O OO Y e e g
2443650, 5 2443750, 5 2443850, 5 2443900, 5
5-22-78 8-30-78 12-8-78 1-27-79
4
1\ N /’ \ Ll =7 —= 5 Iy
-
~ y \
2 N ™ A
< 1
\\ /
' K
0 o u,”
2444240, 5 2444340.5 24444405 24444905
1-2-80¢ 4-11-80 T-20-H0 YoN-R()
Figure 2-9. Variation of Celestial Latitude of Venus During

Transfer Periods in 1970-1980 Time Period

2-11



AOK63-0001

NORTH OF ECLIPTIC R e
1 — ——— — SOUTH OF ECLIPTIC' .y o
=
1 1§ [f-t-1~
0 -
2440900. 5 JULIAN DATE 2441000.5 2441100. 5 2441150.5
11-10-70 GREGORIAN DATE 2-18-T1 5-29-71
z——_-———---_
1 il £ —
0 -8
2441150.5 2441200, 5 2441300, 5
9-8-T1 12-15-11
2 —rTe) g
—1 i Sl B
1 == - [~ t+-
- -
4
0 U 4]
2441690.5 2441790, 5 2441890, 5 2441940.5
1-8-73 4-18-73 7-27-13
2
1 el -
TS e — . /4
8 o 1—4 0] 44
B 2441940.5 2441990, 5 2442090, 5
w 11-4-73 2-12-74
E"’ M 2 e — — — — —
< L-FA17 T4-3+-1L
o ! = Sy
E 0 e e )
o 2442480.5 2442580.5 2442680.5 2442730.5
3 3-9-15 6-17-75 9-25-15
E .
™) — - "1
1 - —
g
-] 0
2442730,5 2442780,5 2442880, 5
1-3-76 4-12-76
2
= r— —_—— et
1 — e —
T~ -+ — L1
~|- o ]
0
2443270, 5 2443370, 5 2443470.5 2443520, 5
5-1-17 8-15-77 11-23-77 .
2
N
1
0
2443520.5 2443570.5 2443670.5
3-3-78 6-11-78
2
,_—-—4
1
1
ob=a8
2444060.5 2444160,5 2444260.5 2444310,5
7-6-19 10-14-79 1-22-80
2
pr——
1
—
. — ] ol _]
2444310, 5 2444360.5 2444460,5
‘ 5-1-80 8-9-80

Flgure 2-10. Variation of Celestial Latltude of Mars During
Transfer Periods in 1970-1980 Time Period

2-12



AOK63-0001

9je( UBI[NL SNSIDA SIBW JO @dUBISI(J OLIJUSDOL[SH JO UOTIBIIEA

(6L61) A ATVOS

*11-g 2andig

$°09¢ $°00S S°00% S°00¢ $°002 G°00T S°090
4444 e e Ph¥e 224 2444 4244
T T T T T T T T T T T T T T T T T T T T T T 1
(LL61) Al ATVOS
$°08L S°00L $°009 600G S 00% G°082
N 444 £hie s¥¥e 5 4 ¢4 72 44
I T T T | T ] T T | T T T 1 T 1 T T i T | T ]
(SL6T) III ATVOS
G°086 G°006 $°008 S°00L §°009 S*08%
Aig 4 vhe Ve hbe 2¥ve
f T T T T T T T T T ¥ T T ] T T T T T T T 3 1
(eL61) I1 ATVOS
g°081 $°001 S 000 S *006 S°008 S°089
4244 4 g 0d 4444 4424 [§2¢4 1%¥2
r T T T T T T 1 T ] 1 T 1 T T T T T 1 T T T 1
(tL61) 1 ATVOS
S*00¥ $°00g $°002 $°00T §°000 $°006
154 ¢4 1%%2 8374 %2 %52 ovbz
ge°1
— P oo
- — ~ Vf” oo py e [
/l \\ \\ N \\ Al T~
~J L1 \.\ / Vﬁ \
S ATn i A .
Y\ A /\A > /1
L~
N il
VA\ / \\\ A / -
A TN
IA
I Al
0L°T

'n'v) u

2-13



AOK63-0001

Table 2-2. Nodal Passages of Planet Venus for the Period 1963-1999

ASCENDING NODE, @

DESCENDING NODE, 8

Mo. Day Year Julian Date Mo. Day Year Julian Date
7 11 63 2438222, 45 3 20 63 2438109. 31
2 21 64 8447.15 10 31 63 8334, 01

10 3 64 8671.85 6 12 64 8558,71
5 16 65 8896, 55 1 22 65 8783.41

12 - 26 65 9121.25 9 4 65 9008. 11

8 8 66 9345.95 4 17 66 9232, 81
3 21 67 9570, 65 11 28 66 9457.51

10 31 67 ~ 9795.35 7 10 67 9682.21
6 12 68 2440020, 05 2 20 68 9906.91
1 23 69 0244.76 10 2 68 2440131. 62
9 4 69 0469. 46 5 14 69 0356. 32
4 17 70 0694. 16 12 25 69 0581.02

11 28 70 0918. 86 8 7 70 0805,72
7 11 71 1143.56 3 19 71 1030. 42
2 20 72 1368.26 10 30 71 1255.12

10 2 72 1592, 96 6 11 72 1479.82
5 15 73 1817.66 1 22 73 1704. 52

12 25 73 2042, 36 9 3 73 1929, 22
8 7 74 2267. 06 4 16 74 2153.92
3 20 75 2491.77 11 27 74 2378.63

10 30 75 2716. 47 7 9 75 2603.33
6 11 76 2941.17 2 19 76 2828.03
1 22 77 3165, 87 10 1 76 3052.73
9 4 77 3390. 57 5 13 77 3277.43
4 16 78 3615, 27 12 24 77 3502.13

11 27 78 3839.97 8 6 78 3726.83
7 10 79 4064. 67 3 19 79 3951, 53
2 19 80 4289. 37 10 29 79 4176.23

10 1 80 4514, 07 6 10 80 4400.93
5 14 81 4738.78 1 21 81 4625.63

12 24 81 4963. 48 9 2 81 4850.33
8 6 82 5188, 18 4 15 82 5075. 03
3 19 83 5412. 88 11 26 82 5299.74

10 30 83 5637. 58 7 8 83 5524, 44
6 10 84 5862. 28 2 18 84 5749, 14
1 21 85 6086.98 9 30 84 5973, 84
9 3 85 6311.68 5 13 85 6198, 54
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Nodal Passages of Planet Venus for the Period 1963-1999, Cont

ASCENDING NODE, Q

DESCENDING NODE, 8

Mo. Day Year Julian Date Mo. Day Year Julian Date
4 15 86 2446536, 38 12 23 85 2446423.24
11 26 86 6761, 08 8 5 86 6647,94
7 9 87 6985.79 3 18 87 6872.64
2 18 88 7210.49 10 28 87 7097, 34
9 30 88 7435, 19 6 9 88 7322.04
5 13 89 7659, 89 1 20 89 7546.74
12 24 89 7884.59 9 1 89 7996. 14
8 5 90 8109. 29 4 14 90 7996, 14
3 18 91 8333.99 11 25 90 8220.84
10 29 91 8558. 69 7 8 91 8445, 54
6 9 92 8783.39 2 17 92 8670.24
1 20 93 9008. 09 9 29 92 8894,94
9 2 93 9232. 80 5 12 93 9119.64
4 14 94 9457, 50 12 22 93 9344. 34
11 25 94 9682,20 8 4 94 9569. 04
7 8 95 9906, 90 3 17 95 9793.74
2 18 96 2450131, 60 10 27 95 2450018.45
9 29 96 0356, 30 6 8 96 0243. 15
5 12 97 0581, 00 1 19 97 0467.85
12 23 97 0805.70 9 1 97 0692, 55
8 4 98 1030. 40 4 13 98 0917,25
3 17 99 1255. 10 11 24 98 1141.95
10 28 99 1479.81 7 7 99 1366.65
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Table 2-3. Inferior Conjunctions of Planet Venus
for the Period 1961-1999

HELIOCENTRIC
LONGITUDE
NO. MONTH DAY YEAR JULIAN DATE (DEG)
1 4 11 61 2437400, 50 200.71
2 11 12 62 7981. 34 49.79
3 6 19 64 8566. 45 268.45
4 1 26 66 9151. 86 125.72
5 8 29 67 9732.39 335.61
6 4 8 69 2440320, 13 198,34
7 11 10 70 0900, 86 47,25
8 6 17 72 1486. 03 266.19
9 1 23 74 2071.38 123,15
10 8 27 75 2652, 05 333.30
11 4 6 77 3239.77 195.96
12 11 7 78 3820. 39 44.72
13 6 15 80 4405, 82 263.92
14 1 21 82 4990, 92 120,75
15 8 25 83 9571, 56 331.02
16 4 4 85 6159.60 193.98
17 11 5 86 6739.92 42,33
18 6 12 88 7325.49 261,80
19 1 18 90 7910, 47 118.17
20 8 22 91 8491, 37 328.85
21 4 1 93 9079. 22 191.57
22 11 2 94 9659. 46 39.81
23 6 10 96 2450245, 42 259.99
24 1 16 98 0830. 00 115.55
25 8 20 99 1411.01 326, 52
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Table 2-4. Nodal Passages of Planet Mars for the Period 1964-2000

ASCENDING NODE,

DESCENDING NODE, 8

Mo. Day Year Julian Date Mo. Day Year Julian Date
6 30 64 2438576.91 8 31 63 2438272.60
5 18 66 9263. 89 7 18 65 8959. 58
4 4 68 9950, 87 6 5 67 9646. 56
2 20 70 2440637. 85 4 22 69 2440333. 54
1 8 72 1324. 83 3 10 71 1020, 52

11 25 73 2011.81 1 25 73 1707, 50

10 13 75 2698.79 12 12 74 2394.48
8 30 77 3385.77 10 29 76 3081. 46
7 18 79 4072.75 9 16 78 3768.44
6 4 81 4759,73 8 3 80 4455, 42
4 22 83 5446.71 6 21 82 5142, 40
3 9 85 6133.69 5 8 84 5829.38
1 25 87 6820, 67 3 26 86 6516.36

12 12 88 7507. 65 2 11 88 7203.34

10 30 90 8194.63 12 29 89 7890.32
9 16 92 8881.61 11 16 91 8577.30
8 4 94 9568. 59 10 3 93 9264. 28
6 21 96 2450255, 57 8 21 95 9951. 26
5 9 98 0942, 55 7 18 97 2450648, 24
3 26 2000 1629. 53 6 5 99 1335.22
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Table 2-5. Oppositions of Planet Mars for the Period 1963-1999

HELIOCENTRIC
LONGITUDE

NO MONTH DAY YEAR JULIAN DATE (DEG)
1 2 3 63 2438064, 31 134,22
2 3 9 65 8829, 03 168, 67
3 4 15 67 9596. 01 204,73
4 5 31 69 2440373.18 249.89
5 8 11 71 1173.78 316.84
6 10 25 73 1980.61 31,99
7 12 15 75 2762, 07 82.74
8 1 22 78 3530. 50 121.36
9 2 26 80 4294.74 155.50
10 3 31 82 5059.92 190, 06
11 5 11 84 5831.22 230,51

12 7 10 86 6621.74 287,33 -
13 9 28 88 7432. 64 » 4,83
14 11 27 © 90 8223.32 64. 88
15 1 7 93 8995.42 107. 17
16 2 12 95 9760.60 142, 40
17 3 18 97 2450524, 84 176.25
18 4 24 99 1293. 23 213.55

2.2 MISSION PROFILE CLASSES. Interplanetary mission profiles can be divided

into

a,

2-18

three principal classes which are defined as follows:

Capture Mission: Reduction to a selected level of negative planetocentric orbit
energy in the target planet's activity sphere. Re-escape, following a planned
capture period. A surface excursion capability, that is, a limited landing effort
capability (few days, small crew size) may be included in a capture mission;
however, this capability is optional and not a prerequisite for a successful
capture mission whose primary objective is detailed planetary reconnaissance
from orbit in preparation for future large-scale landings.

Fly-By Mission: Passage through the target planet's activity sphere at positive
planetocentric orbit energy, using a combination of gravitational and powered
maneuver to enter (in the case of manned missions) the desired heliocentric

return orbit,

Landing Mission: A capture mission followed by landing and re-ascent maneuvers.
The prime objective is to carry out a comparatively extensive surface exploration
of the target planet. Landing becomes a prerequisite for mission success. The
landing effort is commensurate with stay time and surface travel of a crew of 20
to 100 persons for a period of 360 to 500 days.
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One-Way Capture Transfer Orbits to Venus and Mars Selected

Either For Low vX 1 or For Low vfoz (A = short transfer orbits,

N < 180° B = long transfer orbits, Mg > 180°)

TRANSFER SELECTED FOR LOW v;l TRANSFER SELECTED FOR LOW vtz
* * » |Transf, Latitude * * * |Transf, ) Latitude
Depart @ Vool | Yooz va Time (d) Arrive Q (deg) Depart ® Vol Vs v, Time (d) Arrive Q
8-29-70 -28-70
2440827,5/0,101|0. 178{0. 279 108 2440835.5| +1.54 2440857,5(0. 168(0.142{0.310 396 2440953.5) 42,784
9-8-70 5-2170
2440837.5[0.112]0.21210,324| 174 2441011.5| +1.74 2440727.5/0.157(0.115(0.272| 210 2440937.5| +1.62
3-31-72 4-10-72
2441407,5{0,118}0,210{0.328| 108 2441515,5{ -2,83 2441417.5{0.125{0,191(0.316] 102 2441519.5! -3.03
4-10-72 1-1-72
2441417.5|0.097|0.182/0.291{ 168 2441585.5( -0.703 2441317, 5/0.178(0.113/0.291| 204 2441521.5] -1.31
11-9-73 11-29-73
2441995.5(0, 123(0. 166(0.289; 108 2442103, 5] +1,337 }[2442015.5{0.140|0. 0990, 239 102 12442117.5| +2.88
11-9-73 8-1-73 |
2441995, 5{0. 0910, 145/0, 236 156 2442151.5| +0.27 2441895.5/0.179(0. 134/0. 313 210 2442105, 5‘ +1.33
6-19-75 16-9-75 | |
2442582, 5/0.096)0, 1080, 204| 132 2442714.5| ~-0.1 2442572.5]0,101)0. 095(0. 196 138 .2442710.5] -0.56
i
5-30-75 L6—9-75
2442562, 510, 082/0.115]0. 197 156 2442712,5| -0.33 2442572,.5(0,101|0, 10210,203| 150 l2442722. 5! +0.59
1-19-77 2-18-77 |
2443162, 5|0, 0950, 148(0. 243 120 2443282.5( -0.55 2443192.5|0. 158|0. 14110.299| 102 |2443294.5| -1.54
2-8-77 12-10-76 I
2443182, 5(0.120/0.20910.329| 174 2443356.5] -2.75 2443122, 5|0, 124|0,.093/0.217 168 . 2443290.5| -1.21
8-19-78 19—28—78 }
2443739. 5|0, 097(0, 182{0,279| 114 2443853.5| +1.27 2443779.5(0.177{0. 144[0. 321 90 ‘ 2443869.35] +2.5
9-18-78 6-10-78 !
2443769.5(0.110]0, 2220, 332 168 2443937.5| +1.1 2443669.5( 0. 143(0. 104|0. 247 192 12443861.5! +1.937
]
3-31-80 4-30-80 ;
2444329.510,118(0.199(0.317 108 2444437.5| -2.87 2444410.5(0, 180]0. 125)0. 305 102 '2444512,5; +3.33
4-10-80 1-1-80 |
2444390, 5/0. 097/ 0. 186(0. 283 168 2444558, 5] +3.22 2442390.5{0.175(0, 112|0, 287 204 ! 2444543,5| +2,32
. Lat. (deg J . Lat, (deg)
Arrive d' A
e bist.(AU rrive & Dist.(AU)
5-29-71 -0.441 |5-29-71 -0.258
2441100, 5/ 0. 0950, 0960, 191] 200 2441300.5| 1,443 §2441100.5/0, 096(0. 095/0. 191 220 2441310.5; 1.455
7-27-73 +1,095 +1.607
2441890.5/0,128(0. 106{0. 234] 190 2442080.5 1.560 ]2441920.5{0.159(0,081]0.240| 210 2442130,5] 1.615
9-5-73 +0.945 }6-17-73 +1.607
2441930, 5{0.137/0.124(0,261| 400 2442330.5 1.621 [2441850,5(0.1790.085|0.264] 280 2442130.5( 1.615
9-15-75 +1.849 [10-15-75 +1,677
2442670, 5(0. 145/ 0. 124}0.269| 210 2442880.5| 1.658 §2442700.5(0.193/0.080{0.273[ 240 2442940.5] 1,664
9-25-75 +0,173 §10-15-75 +1.538
2442680. 510, 123{0. 108/0.231] 390 2443070.5, 1.564 [2442700.5/0.191]0.079/0.270] 260 2442960. .’)i 1.638
10-24-77 +1.514 f11-13-77 +0, 864
2443440.5(0, 141]0. 1510, 292| 210 2443650.5) 1.657 [2443460.510, 1760, 089]0. 265] 250 2443710.5{ 1.615
10-14-77 +0,124 [9-24-77 +1,227
2443430.5|0.111|0. 083)0.194| 330 2443760.5[ 1.560 ]2443410.5(0.211|0.082]0.293| 270 2443680.5f 1,640
11-3-79 ~1.870 §11-13-79 -0. 582
2444180.5/0.101(0. 102]|0.203] 280 [2444460.5 1.544 [2444190.5/0.105{0.088/0.193| 300 |2444490.5| 1.505
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2.3 CAPTURE MISSION PROFILES. Due to the relative proximity of Venus and
Mars, their synodic periods are particularly long, as can be seen from the time inter-
vals between inferior conjunctions (about 585 days) or between oppositions (740 to
806 days, the variation being due to the ellipticity of the Martian orbit) . Therefore,
flying the same transfer orbit out and back involves extraordinarily long waiting
times near the planet (450 to 480 days for Venus or Mars). Actually, because of

the inclination of the planet orbit planes relative to the ecliptic, the transfer orbit

is not only dependent upon recurrence of the same planetary constellation, but also on
the heliocentric longitude at which it occurs. To repeat a given transfer orbit,
therefore, a given planetary constellation must be repeated at the same heliocentric
longitudes (of Earth and target planet). These two conditions are met only in very
long time intervals. They are approximately met in intervals of 16 years (Venus)
and 15 years (Mars).

For this reason and because the long waiting time imposes severe constraints on
mission flexibility, only mission profiles which involve different transfer orbits

out and back are of practical interest. Most mission profiles that are attractive
from the standpoints of mission period (total time of absence from Earth) and energy
look approximately as shown in Figure2-12, They consist of a short transfer orbit
(1-2; transfer angle ¢ < 180°) and a long "lag'" (3-4; Ny 2 180°). The short lag is
often, but not always, the outgoing orbit. In Venus mission profiles the long lag is
caused by "overshooting' the Earth orbit; in Mars missions by '"'undershooting' the
Earth orbit. Therefore, paradoxically, the problem of avoiding dangerously close
perihelion distances is often more acute for Mars missions than for Venus missions.

The reason for the characteristic trends of these mission profiles is easily recognized
(cf. also Figures 2-3 to 2-8). At Venus arrival the Earth trails Venus (yy >0).

Since motion inside the Earth orbit is faster than in the Earth orbit, Earth should

lead at return departure from Venus. To wait until Venus is "approaching' Earth
"from behind" involves long waiting times (capture periods) at Venus. If one wants

to depart after a briefer capture period, the only alternative is to insert a "slow-
motion" section into the return transfer orbit to permit Earth to catch up. This
"slow-motion' Bection is provided by overshooting the Earth orbit. Around the aphelion
of its return transfer orbit, the space ship moves at lower angular velocity that Earth,
Although this leads to return orbits which are significantly longer than the outgoing
orbits, the overall mission period is nevertheless significantly shorter than if the
capture period had been extended to allow Venus to approach Earth from behind until
Earth was given the required lead angle of approximately 30 degrees (Figure 2-5,

-¢ 5 becoming +y, for the return trip) .
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(a) Earth-Venus Mission

(b) Earth-Mars Mission

Figure 2-12. Characteristic Profiles for Mars and Venus
Capture Missions
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If the trailing position angle of Earth at Venus arrival is to be reduced, the outgoing
orbit must be long (T.0. No. 2 or No. 8, Figure 2-13). In this case, Earth is given
an opportunity to pass the space ship while it coasts through its aphelion, After
crossing the Earth orbit for a second time, with the Earth ahead of it, the space ship
starts catching up with Earth while approaching Venus. It may pass Earth during

this part of the transfer, in which case ¥y remains positive at Venus arrival (although
Yo will generally be smaller than in the case of the transfer orbit shown in Figure 2-12);
or it may just catch up with Earth at Venus arrival, in which case §, = 0; or, finally,
it may not catch up completely, in which case {9 < 0°, Figure 2-14 shows these three
conditions graphically (for the simplified case of circular, coplanar planet orbits,
which is adequate for displaying the trend) and indicates on the abscissa the aphelion
distances involved. It is seen that, for tangential approach to the Venus orbit (T.O.
No. 2) an aphelion of 1.15 A.U. is required to catch up (sz = 0 at Venus arrival).

Still greater aphelion distances are required to give Earth the lead required for a
short return trip, even for zero capture period. Aphelion distances beyond 1.27 A.U.
are required to provide the proper Earth lead for a fast return and to provide time for
a capture at the average rate of 1.599-0.986 = 0.613 deg/day, corresponding to the
capture at the average rate of 1.599-0.986 = 0.613 deg/day, corresponding to the
difference in angular velocity between Venus and Earth. Figure 2-15 shows that

the resulting transfer times become very long. If ‘bz at Venus arrival remains
positive, a long return orbit is required, resulting in a mission profile as shown in
Figure 2-16(a). The principal objection to these profiles is the long mission period
involved, as can easily be deduced from Figures 2-14 and 2-15. A positive position
angle Y9 at Venus arrival can be attained more easily with T.O. No. 8 if small peri-
helion distances are selected, as can be seen in Figure 2-14. In this case the transfer
orbit is short (n; <180°. Therefore, the mission profile may consist of two short
transfer orbits (Figure 2-16(b)) at a great reduction in mission period. The principal
problem with this mission profile is that the outgoing lag is very expensive, because
of strong directional changes involved at stations 1 and 2. Thus, in the case of Venus
one has essentially a choice between the following mission profiles:

a. long-short transfer orbits,

b. long-long transfer orbits,
c. short (R A >1 A.U.) - short transfer orbits.

Of these, b involves very low mission profiles; ¢ is very expensive, but yields
mission periods well under a year at 10-30 day capture periods; a generally repre-

sents a missle-of-the road compromise in terms of mission period and mission
energy.
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Figure 2-13. Long Outgoing Transfer Orbits to Venus
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(a) Mission Profile (M. P.) Consisting
of Two Long Transfer Orbits With
Different Aphelion Distances
(M.P. 22 or 88 or 28 or 82)

T.O. NO, 1

(b) Mission Profile (M.P.) Consisting of
Two Short Transfer Orbits (e.g. M.P. 81)

Figure 2-16. Alternate Profiles for a Venus Capture Mission.
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At Mars arrival, following a short transfer as shown in Figure2-12(b), Earth leads
(wz < 0, Figure 2-8). The space ship's angular velocity outside the Earth orbit is
less than the angular velocity of Earth. Therefore, in order to meet Earth on return,
Mars should lead at the time the space ship departs. One could wait until the faster
Earth approaches Mars from behind, thereby providing the required lead for Mars.
However, this involves a long capture period. In order to depart after a short capture
period, the slower motion of the space ship outside the Earth orbit must be compen-
sated by a faster motion inside the Earth orbit. By taking a "short cut' at closer
vicinity to the Sun, the space ship can catch up with Earth at the second orbit inter-
section.

Figure 2-8 shows that for very fast (high eccentricity) transfer orbits, Mars can
lead Earth at arrival of the space ship (Y5 > 0). However the lead angle is small,
namely about 3 degrees for T.O. No. 1 at e = 1 (parabolic transfer orbit). For
large lead angles, hyperbolic transfer orbits, which are quite expensive, are required.
Even so, a perihelion distance of less than 1 A.U. is required in most cases. Never-
theless, the return orbit must also be fast. The longer the capture period, the
longer must be the return orbit and the closer must be the perihelion distance. A
typical mission profile resulting from this approach is shown in Figure 2-17(a). It
yields short mission periods, but is unacceptably expensive for propulsion systems
such as are considered in this study. The other alternative is to make the outgoing
orbit so long that Earth has time to complete one revolution and part of the next.
Earth then approaches Mars from behind so that, after the desired capture period,
Mars has the proper lead for a space ship-Earth rendezvous at station 4 following

a short return orbit. This mission profile is shown in Figure 2-17(b) . The outgoing
transfer orbit is fairly inexpensive, unless high inclination is required. The main
objectives against this mission profile is the long mission period (approaching 2
years). Thus, the mission profile shown in Figure 2-12(b) represents middle-of-
the-road compromise with respect to mission energy and mission period. For a
given outgoing transfer orbit, increasingly long capture periods mean decreasing
perihelion distance during return, For a given capture period, shorter outgoing
transfer means greater perihelion distance during return,

Practical considerations lead to a layout for a given mission plan in such a manner as
to provide an Earth departure window (i. e., the possibility for the space vehicles to
depart during a period of, say, one month) while retaining a constant arrival point.
Thereby, the capture period is kept independent of Earth launch delays. In this
manner, the fuel requirement for the return flight does not have to be changed every
time there is a change in Earth launch date, provided this change takes place within
the Earth departure window. This is shown in Figure 2-18, where the Earth launch
window (1a-1b) transfer orbits all lead to a fixed arrival point (2). The nominal
capture period is 2-3a. Again, for practical reasons which in this case are even
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T.O. NO. 7

(a) Mission Profile (M. P.), Consisting of
Two Short Transfer Orbits (M.P. 75
or 15 or 51)

T.0. NO, 7

ZEARTH MOTION

DURING
T.0O. NO. 2

(b) Mission Profile Consisting of One Long and
One Short Transfer Orbit (e.g. M.P. 27)

Figure 2-17. Alternate Profiles for a Mars Capture Mission

2-28



AOK63-0001

more vital than during Earth departure, a tolerance should be built into the capture
period to allow for possible delays at target planet departure. This tolerance is the
target planet departure window 3a-3b. A typical Mars or Venus capture mission
profile with built-in Earth departure window and target planet departure window looks.
therefore, as shown in Figure 2-18.

2.4 FLY-BY MISSION PROFILES. From the discussion in the preceding section it
follows that for a Venus mission profile as shown in Figure 2-12(a) the aphelion dis-
tance of the return orbit increases with increasing capture period. Consequently,
for a fly-by mission this aphelion distance becomes a minimum.

Analogously, the perihelion distance of the return orbit in a Mars mission profile of
the type shown in Figure 2-12(b) becomes a maximum.

In both cases, the deflection from outgoing to return transfer orbit becomes a mini-
mum. This is fortunate, since some deflection is obtained by the hyperbolic en-
counter with the target planet's gravitational field. Thus, the powered maneuver to
complement planetary assistance becomes a comparative minimum. The deflection
of the heliocentric velocity vector by passage through the planet's activity sphere is
illustrated schematically in Figure 2-19.

2.5 LANDING MISSION PROFILES. From the present uncertainty in our knowledge
of the conditions in the atmosphere and on the surface of Venus, it is apparent that
some very basic information must still be gathered before one can begin to plan a
manned descent to the surface of this planet. In particular, period of rotation,
orientation of the Venus polar axis (if any), atmospheric composition, pressures
and winds on the surface and at altitude, surface temperatures and their variation
with location and time, surface composition and the amount of relief on the surface
remain to be investigated.

Therefore, Mars is the principal target planet, at this time, when a manned planetary
landing mission is considered. By definition, the landing mission involves extended
stay of most or all of the crew on the Martian surface. The period between two
approximately equal transfer orbits (not counting differences in transfer orbit incli-
ndtion) was stated at the beginning of Section 2.3 to range from 450 to 480 days
(namely, synodic period minus twice the time required for Earth to cover the position
angle, Yo, between Earth (in the lead) and Mars at Mars arrival of the space ships) .
This time interval corresponds to 65 to 72 percent of a Martian sidereal year (686.98
days). A typical mission profile for capture periods in excess of 450 days is shown
in Figure 2-20 (1-2-3'-4"). If shorter capture periods are desired (350-400 days),
the space ships must leave Mars before Earth has caught up sufficiently with Mars,
Therefore, a long transfer orbit leading into trans-Martian space is required (1-2-3-4),
that a return flight does not appear feasible with the propulsion systems under con-
sideration; also, very small perihelion distances are likely to be encountered.
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(a) Venus Mission

(b) Mars Mission

Figure 2-18. Earth Departure and Target Planet
Departure Windows
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(a) Venus

r = RADIUS OF
act

ACTIVITY SPHERE

(b) Mars

Figure 2-19. Deflection of Heliocentric Velocity Vector by
Hyperbolic Encounter in Mission Profiles
Figure 2-9
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Figure 2-20. Typical Profiles for a Manned Landing Mission
to Mars (Extended Surface Stay Time)
(Schematic)

2-32



AOK63-0001

SECTION 3
TARGET PLANETS

Next to the Moon, the planets Mars and Venus are highest on the list of extraterrestrial
bodies for reconnaissance by man in his exploration of space. The planetology of

Mars and Venus, as currently known and conjectured, is briefly summarized in this
section. The interaction between the nature of the planetary environment and the
Empire mission is discussed in Sections 2, 5, and 6.

The planetology data discussed here are necessarily preliminary; the literature
search and evaluation are continuing. It is emphasized that current knowledge of
Martian and Venusian environments is insufficient for many requirements of the
present study and that some decisions on the mission analysis must be made on the
basis of extrapolation and conjecture concerning Mars and Venus,

3.1 GENERAL SOURCES OF DATA. A compact summary of general data on Mars
and Venus is conveniently available in a book by Ehricke (Ref. 3-1). Kuiper reviews
atmospheric data of a decade ago (Ref. 3-2) and also presents a modern analysis

of physical observations (Ref. 3-3). Another useful general study is by Urey (Ref.
3-4), who also has published a more recent summary (Ref. 3-5). Moore (Ref. 3-6)
gives a general discussion of planetary characteristics.

A recent compilation of Mars data is by Hess (Ref. 3-7) . Moore (Ref. 3-8) gives a
nontechnical history of Martian study. An excellent book by de Vaucouleurs (Ref.
3-9) presents detailed analysis of data available eight years ago. Slipher (Ref. 3-10)
has published an extensive collection of photographic studies of Mars.

Much of the published so-called data on Venus consists of extrapolation and speculation,
largely because of the masking cloud cover which obscures the surface. Sagan (Ref.
3-11) summarizes current views on Venus. A nontechnical discussion is given by
Moore (Ref. 3-12),

3.2 PLANETARY PARAMETERS. Table 3-1 presents values for selected planetary
parameters for Mars and Venus, with Earth for comparison. Much of the data comes
from Ehricke (Ref. 3-1). Some values come from other sources or have been com-
puted for the present compilation.

The value 149, 598, 845 +250 (p.e.) kilometers for the astronomical unit (A.U.) is
adopted from the 1961 Jet Propulsion, Laboratory radar reflection measurements
(Ref. 3-13). It agrees well with the value 149, 597, 850 +400 kilometers reported by
the Massachusetts Institute of Technology Lincoln Laboratory (Ref, 3-14).
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Table 3-1. Selected Planetary Data

3-2

acceleration at 45°
latitude

0.85805 (B= 1)

VENUS EARTH MARS
1. Symbol Q b o
2. Radius, equatorial 6,200 km 6,378.39 km 3,310 km
0.973 (P=1) 0.520 (B=1)
3. Angular diameter 9.9 to 64.5 sec 3.5 to 26.1 sec
from Earth
4. Oblateness 0 1/297 = 0.00337 | 1/192 = 0, 00621
5. Mass 4.86 x 1024 kg 5.975 x 1024 kg | 6.43 x 1023 kg
0.8136 (®= 1) 0.1077 (®=1)
6. Density, average 4,90 gm/cm3 5.52 gm/cm3 4,20 gm/cm3
0.8877 (®=1) 0.7609 (D= 1)
7. Orbital semi- 108, 209, 600 km 149.598, 845 km 227,942,400 km
major axis 0.723332 A.U. 1,000000 A.U, 1.523691 A, U,
8. Perihelion 107,474, 500 km 147, 096, 500 km 206,680, 500 km
0.718418 A. U, 0.983273 A.U. 1.381431 A. U,
9. Aphelion 108,944, 800 km 152,101,200 km 249,224,300 km
' _ 0.728246 A. U, 1,016727 A.U. 1,665951 A.U.
10. Orbit eccentricity 0. 0067935 0.0167272 0.0933654
11. Orbit inclination 3°23139''1 1°50'50''8
to ecliptic
12. Orbital period 0.6156 y 1.0y 1,8822 y
224d17h 365d6h 687dOh
13. Equator inclination Not known 23°26'59" 25°12!
to orbit
14, Spin period Not known 23 h56m4.09 s 24 h37m 22,58 8
15. Spin rate Not known 73.1958 70,8821
' microrad/sec microrad/sec
16. Mass gravitational 8.434703 m/secZ | 9.830080 m/sec? | 4.019938 m/sec?

0.40894 (®= 1)
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VENUS

EARTH

. MARS

17,

18.

19.

20,

21.
22,
23.

24,

25.

26,

Centrifugal relief
acceleration at 45°
latitude

Apparent gravitational

acceleration at 45°
latitude

Circular velocity
at equator

Parabolic velocity
at equator

Satellites
Satellite diameter

Satellite distance
from planet center,
average

Satellite orbital
period

Satellite orbit
inclination to
planet equator

Satellite orbit
eccentricity

Rotation not
known

Rotation not
known

7,231.54 m/sec

10,726.20 m/sec

None

0.017067 m/sec2

9.813013 m/sec?

7,909.59 m/sec
11, 185.90 m/sec

Moon
3,476 km
384,400 km

27d7h43.19m

18°19' to 28° 35!

0.05490

0.008315 m/sec?

4.011623 m/sec?

3,600.36 m/sec

5,091,67 m/sec

Phobos |Deimos
~15 km |~8 km

9,350 23,500
km km

7h 1d6h

39,23m|{17.92m
1°s! 1°46’

0.021 |0.003
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Mars opposition occurs about every 780 days (synodic period: 26 months or 2, 14
years). At perihelic opposition, which occurs about every 17 years, Mars approaches
to about 56 million kilometers (35 million miles or 0.37 A.U.) from Earth., Recent
perihelic oppositions were in 1924, 1939, and 1956; the next will be approximately
August 1971 and October 1988.

The Martian day is the only one in the solar system known to be approximately equal
in length to that of Earth (1 Mars day = 1,026 Earth days) .

Venus inferior conjunction occurs about every 584 days (19 months or 1,60 years),
at which time the distance to Earth is about 39 million kilometers (24 million miles
or 0.26 A, U.).

The Venusian day is unknown at the time of the present writing. Speculation ranges
from very short to one Venusian year (224.7 days), with increasing indirect evidence
favoring the long (synchronous) period. A recent unpublished report of the Mariner 2
Venus encounter on 14 December 1962 indicates a magnetic field considerably less
than that of Earth, which implies a spin rate similarly less than that of Earth,

3.3 MARS ENVIRONMENT

3.3.1 Mars Atmosphere. Current estimates of the composition of the Mars atmos-
phere are listed in Table 3-2, The sources include Ehricke (Ref. 3-1, pp. 122-123,
166) , Kuiper (Ref. 3-2), and Kellogg and Sagan (Ref. 3-15). Comparative distributions
of atmospheric temperature and density for Earth and Mars are presented by Chamber-
lain (Ref. 3-16). Schilling has evaluated realistic limits to possible values of atmos-
pheric parameters (Ref. 3-17).

The surface pressure of the Martian atmosphere, about 85 millibars, is equivalent
to the terrestrial atmosphere at an altitude of about 18 kilometers (60, 000 feet)
(Ref. 3-18).

Only COy has been clearly identified spectroscopically in the Martian atmosphere.
After elimination of many other possible components by search (upper limits are
indicated in Table 3-2) or by theoretical considerations, the balance is assumed to
be N, plus Ar. That 1% Ar is present in the Martian atmosphere is an ad hoc
assumption by analogy with Earth's 0.93% Ar, using the argument that the planets
were probably all formed in a similar manner and that Ar40 comes from radioactive
decay of K49 in the planetary crust, Neither Hy nor He is expected on Mars because
of their low molecular weights.
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3.3.2 Mars Irradiance and Albedo. Solar irradiance data are presented in Table
3-3, based on a report by Strughold and Ritter (Ref, 3-19). The average solar
irradiance of Mars is less than half that for Earth. Because Mars has a greater
orbital eccentricity (exceeded only by Pluto and Mercury among the planets), its
solar irradiance varies substantially from perihelion to aphelion. Mars has an axis
inclination with the normal to its orbital plane slightly in excess of that for Earth, so
seasonal changes are similar. The combination of axis tilt and orbit eccentricity
produces unequal seasons; northern summer and southern winter occur at aphelion.
Consequently, the southern summer is shorter and hotter than northern summer, and
the southern winter is longer and colder than the northern winter. (A similar condi-
tion prevails for Earth but the differences are small because its orbit is less eccentric

than that of Mars (Table 3-1)) . Table 3-4 lists the approximate length of Martian
seasons (Ref. 3~1).

Table 3-3. Optical Planetary Data

VENUS EARTH MARS

1. Solar constant 3.88 cal/(cm?min) | 2,07 cal/ (cm2min 1. 047 cal/(cm®min)
(irradiance) above | 2,706 watt/m2 1,444 watt/ m? 730 watt/m?
atmosphere at
perihelion

2. Solar constant 3.82 cal/(cm?min) | 2.00 cal/ (cm2min) | 0.861 cal/ (cm2min)
(irradiance) above | 2,664 watt/m?2 1,395 watt/m2 600 watt/m?2
atmosphere at
distance of semi-
major axis

3. Solar constant 3.77 cal/{cm2min) | 1.935 cal/(cm2min) | 0.720 cal/(cm2min)
(irradiance) above | 2,630 watt/m? 1,350 watt/m?2 502 watt/m?
atmosphere at
aphelion

4, Surface albedo, 0.76 0.39 0.148
average visible
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Table 3-4. Martian Seasons

SEASON LENGTH

NORTHERN HEMISPHERE SOUTHERN HEMISPHERE
Spring Autumn 199 days
Summer Winter 182 days
Autumn Spring 146 days
Winter Summer 160 days

The diffuse spherical reflectivity (albedo) of Mars is near 0,3 at A7000 (red) but
declines rapidly to about 0,04 below A4500 (Ref, 3-15, p. 22). Thus, Mars has an
overall reddish coloration. The low albedo in the blue and violet is an atmospheric
effect associated with the blue haze, In yellow light, the dark areas of Mars have
an albedo of about 0, 05; in the bright areas the albedo is about 0.15. It is probable
that low O, content in the Martian atmosphere also requires low Og content, with
resultant high transparency to ultraviolet radiation which reaches the ground.

3.3.3 Mars Surface Temperature, Table 3-5 summarizes some data on Martian
surface temperatures and temperature ranges (Refs, 3-15 and 3-20). Direct
observation from Earth of Mars night temperatures is difficult because of the rela-
tive positions with respect to the sun. Maximum temperatures are probably not
maintained for long because of rapid cooling of the surface by radiation. The average
daytime temperature is in fair agreement with microwave brightness measurements.

The maximum temperature of the near-surface Mars atmosphere (at a few meters
elevation) may be 50°K (90° F) less than the maximum ground temperature at a given
equatorial location. This difference is smaller at higher latitudes and at times other
than near local midday.

3.3.4 Mars Surface Features. The surface of Mars contains the following types of
features (Figure 3-1) which are recognizable telescopically:

a. White polar caps
b. Dark areas, predominantly colored gray, biue—gray, or green-gray

c. Light areas, colored ochre, orange, or buff,

The surface is frequently obscured by clouds or haze, as discussed later,
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Table 3-5, Martian Surface Temperatures

TEMPERATURE
1. Average entire surface, daytime 240°K  -33°C  -27°F
2. Maximum, noon summer, equatorial 300°K  27°C  81°F
3. Maximum, noon summer, equatorial, light areas 203°K  20°C 68°F
4. Maximum, noon summer, equatorial, dark areas "306°K  33°C  91°F
5. Minimum, night, most of surface, estimated 203°K  -70°C -94°F
TEMPERATURE RANGE
6. Daylight range at given region, estimated 80K° 80C° 144 F°
- 7. Diurnal range at given region, estimated (night 100K° 100C° 180 F°
surface mostly not observed at earth)
8. Seasonal range, noon, equatorial, estimated 40K° 40C° 727F°

The polar caps are probably thin coatings of solid HyO (snow, frost), which appear to
be formed during autumn in each hemisphere while obscured by clouds or fog. Toward
the end of winter the clouds. recede and reveal maximum development of the cap,
around which appears a dark fringe. The cap recedes (melts? sublimes?) during

late winter and spring, the dark fringe being widest when the "melting" rate is
greatest. The south cap is centered at longitude 40°, latitude 83°, It extends to 45°
latitude at its maximum; it can disappear entirely. The north cap extends to 57°
latitude at its maximum; its minimum size is 300 kilometers (1° = 57 km), The cap
centers do not coincide with the geographic poles (similarly, the ice caps of Earth

are not centered at their respective geographic poles) .

The dark areas are generally believed to represent vegetation regions, although

the literature includes alternative suggestions (e.g., hygroscopic salts, volcanic
ash). A crucial factor was the discovery by Sinton (Ref., 3-21) of C-H bond resonance
absorption bands from the dark areas only (not the light areas), Dark areas cover
about 0.38 of the surface and appear to be mostly stable regions, but additional dark
areas ai)pear from time to time and persist for up to a few years, Seasonal color
chang'es:occur, with darkening appearing first near the poles and advancing toward
the equator in the spring, Dark areas are interconnected by a network of several
hundred narrow strips or "canals"”, some of which also cross dark areas. Their
nature (and detailed description) and even existence has been highly controversial,
It is, however, generally agreed that the "canals" are not apen channels through
which liquid water flows.
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Bright areas cover about 0.75 of the Martian surface. They are generally interpreted
as deserts. The yellow-orange or ochre color has been ascribed to limonite (an iron
oxide) and to felsite (an aluminum potassium silicate). Because of wide surface-
temperature variations, surface rocks are presumed to have become sandy or dusty
(pulverized by daily expansion and contraction).

No abrupt heights on Mars exceed 760 meters (2500 feet) (Ref. 3-15).

3.3.5 Mars Clouds and Haze. Three classes of Martian clouds have been recognized:
yellow, white, and blue. The so-called blue haze or violet haze may cover all or
parts of Mars so as to obscure surface features photographed in blue light (<A 4330)
(Ref. 3-15).

Yellow clouds are probably dust storms. They are frequently widespread at perihelic
opposition and may obscure our view of the entire planet. They may also cover
limited areas and are seen to move with the winds. They usually occur at low alti-
tudes, up to several kilometers, but have been reported as high as 30 kilometers

(98, 000 feet) (Ref., 3-22).

White clouds are probably ice clouds although solid CO4 particles have also been
proposed. Blue clouds appear to be somewhat similar in occurrence to white clouds.
White clouds may be somewhat thicker or more dense blue clouds. White clouds

or blue clouds have been observed on all parts of Mars but are more prevalent toward
the limb. They may form in a few hours and last up to several weeks. White clouds
occur at altitudes up to about 20 kilometers (66, 000 feet) .

The blue haze dissipates from time to time, particularly near oppositions. It can
form or dissipate in three or four hours. Clearings may be planet-wide or as small
as 0. 12 of the visible surface. The blue haze has been ascribed to small (0.2 to 1
micron diameter) ice crystals or possibly COq particles, at heights of 30 to 35 kilo-
meters (98,000 to 115,000 feet) . Urey and Brewer (Ref. 3-23) suggest that solar
protons may lonize upper atmosphere molecules to CO*, CO* , and Nyt , all of
which have absorption bands which occur in the spectral region where surface obscur-
ing is observed. Sagan (Ref. 3-24) concludes that a combination of the known atmos-
pheric distribution, solar proton flux, and planetary and interplanetary magnetic
fields cannot produce the observed blue haze and its clearing at times of opposition
with Earth (assuming terrestrial magnetic interaction with the path of solar protons
en route toward Mars).

3.3.6 Mars Winds. General circulation of the Martian atmosphere appears to be
similar to thatof Earth. Transfer of heat from equatorial to polar regions imposes
a heat load on the atmosphere which is relatively light compared with that on Earth
(Ref. 3-15). However, seasonal changes are probably large because of the low heat
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capacity of the surface. In winter instability waves are probably in the general
circulation pattern,

A theoretical estimate predicts surface winds between 1 meter per second (2 knots,
stable circulation) and 10 meters per second (20 knots in parts of a cyclonic system),
For comparison, on Earth a wind of about 6 meters per second (12 knots) is required
to raise dust on the ground, so that dust storms are more likely during the winter
season of unstable circulation waves (Ref. 3-15). Upper air winds are generally
larger than surface winds at all seasons.

3.3.7 Mars Magnetic Field. The magnitude of the Martian magnetic field, or even
whether it exists, is not known. Literature search to date has revealed no significant
data and very little speculation. A realistic approach is to observe that the small
diameter and density of Mars, relative to Earth (Table 3-1), implies a much smaller
liquid iron-nickel core than Earth, if indeed Mars has any such core at all. Urey
(Ref. 3-4) concludes that Mars probably has a uniform chemical composition through-
out. The absence or small size of such an inner core, together with a spin rate of
about 1,02 times that of the Earth, would imply a smaller magnetic field for Mars
than for Earth.

3.3.8 Mars Radiation Belt. The magnitude and nature of the Martian radiation belt,
or even whether it exists, is not known. Because of the dependence of charged-
particle trapping on planetary magnetic field, the same argument used above implies
that the Martian radiation belt is probably of smaller extent and lower energy content
than that of Earth. A supporting argument is the fact that Mars is further from the
sun and would probably tend to intercept a smaller number of solar charged particles
than would Earth.

3.4 VENUS ENVIRONMENT

3.4.1 Venus Atmosphere, Current estimates of the composition of the Venus atmos-
phere are listed in Table 3-2. Noteworthy is the CO, value of only 4 percent, which
is reported by Spinrad (Ref. 3-25) with a probable uncertainty factor of 2, Earlier
estimates (Ref. 3-10) of COy fraction were larger than this value by factors of about
4 to 20,

The balance of the atmosphere is essentially unidentified and assumed to be Notand Ar
by elimination, with 1 percent ascribed to Ar by analogy with Earth, as in the case of
Mars,
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In 1954, N.A. Kozysev (Crimean Observatory, USSR), reported from a single low
dispersion spectrogram the detection of A3914 which he attributed to No*, presumably
observed as an auroral feature (Refs. 3-26 and 3-27). Subsequently Newkirk reported
somewhat similar but questionable results (Ref. 3-28). In later attempts Weinberg
and Newkirk (Ref. 3-29) got negative results. Warner (Ref. 3-30) later analyzed
these experiments and concluded that Ny+ had probably been observed; perhaps the
incidence can be related to variations in solar activity.

Spinrad (Ref. 3-25) estimates surface pressures of the order of 10 atmospheres, but
Sagan (Ref. 3-31) gives values greater than 30, with "an outside chance" of being as
high as several hundred atmospheres.

The limiting value of HoO shown in Table 3-2 is based on the negative results of a
search by Spinrad (Ref. 3-32). Negative results have also been reported for Hy and
CH,0 by Spinrad (Ref. 3-31) and for CO, N5O, NHg, CHy, CaHy and CoHg by Kuiper
(Ref. 3-2),

3.4.2 Venus Irradiance and Albedo. Solar irradiance data are presented in Table
3-3. The average solar irradiance of Venus is almost twice that for Earth, The
value remains almost constant throughout the year because of the very low eccentricity
of the Venus orbit (less than for any other planet) .

The very high albedo is caused by the persistant cloud layer, the nature of which is
not known (conjectures have included HyO, COg, and hydrocarbons). Colors for the
clouds have been reported including yellow and brown, with occasional markings,
both bright and dark.

Because of the absence of knowledge about inclination of the planetary axis or spin
rate, no seasonal or diurnal irradiance data are available. Inclinations ranging from
0° to 90° have been reported (Ref. 3-11). The radiation balance of Venus has been
analyzed by Sagan (Ref. 3-33).

3.4.3 Venus Surface Temperature. Spinrad (Ref. 3-25) has estimated surface
temperatures of the order of 600°K; Sagan (Ref. 3-31) has calculated a dark-side
temperature of the order of 640°K and a bright-side value of about 750” K., However,
earlier observations do not reveal substantial temperature differences between dark
and bright sides (Ref. 3-10) , which implies either short-period diurnal rotation or
substantial atmospheric mixing to keep temperatures equalized,

3.4.4 Venus Surface Features. A considerable range of speculation has been exer-
cised in estimating Venus surface conditions, with insufficient data to provide direct
evidence,
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3.4.5 Venus Magnetic Field. A recent unpublished report of The Mariner 2 Venus
encounter on 14 December 1962 indicates a magnetic field considerably less than that
of the Earth,

3.4.6 Venus Radiation Belt. From the observation of the small Venus magnetic
field it follows that there should be a weaker trapped radiation belt, if any, The
Mariner 2 Venus encounter also provided a measurement of no substantial increase
in radiation level compared with interplanetary data, at about 6.6 Venus radii from
the center of Venus,

3-14
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SECTION 4
THE INTERPLANETARY ENVIRONMENT

Phenomena considered here as potentially hazardous to man in space include:
a) high energy solar protons, b) cosmic radiation, c¢) trapped particle radiations,
d) meteoroid streams, e) comets, and f) meteorites.

An attempt is made to forecast mean annual solar proton fluxes for the next two
solar cycles, 20 and 21. Because of the many assumptions that are necessary for
this work the results can only be heuristic. However, if the next peak in solar
activity should occur 7 years after the 1967-58 peak, rather than 11 years later, it
is not disastrous because the long range predictions can be improved accordingly.
The basic intent is to make an initial attempt at establishing working methods for
solar flare prediction, associated flare-particle flux intensity probability, flare-
particle encounter probability, probable fluxes which filter through radiation shields,
and shield selections.

No attempt is made to shield the crew from cosmic radiation (CR). The philosophy
used is to provide a storm shelter for solar flare and trapped particle radiations,

and essentially no additional shielding for cosmic radiation. An exception to this
occurs when an abundant supply of hydrogen is available for shielding. In this case,

if desired, the crew might sleep in a shield within the hydrogen tank, thereby obtaining
some relief from the heaviest CR primaries. Since, when interacting with Hy, the
heavy primaries are replaced by more numerous particles with lower atomic weights,
the shielding is impractical unless compelling reasons are found for eliminating

heavy primaries.

Linear polyethylene was selected for dry shielding against protons and neutrons when
liquid Hy was not preferred. It has advantages over natural polyethylene because of
its 3.8 percent greater H content (8.2 x 1022 H atoms/cm3). Some 19 gm/cm2 was
used for Martian interplanetary missions, with the inner portion filled with 6 percent
boron,

Trapped particles offer no significant hazard because of the polyethylene flare shelter.
If the crew is forced to remain within the intense part of the Van Allen belt for
several days the dose rate is no more than 3.8 rad/day.

It is believed that meteoroid streams, as well as comet orbits, should be avoided,
especially near comets where the space density of debris would be expected to increase
significantly, For example, intense Draconid meteor showers were observed on the
afternoon of 9 October 1952 when Earth crossed the orbit 185 days ahead of the comet
(Giacobini-Zinner) . Showers have also been observed on occasion when Earth passed
170 days behind the comet,

4-1
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Out of some 39 known, active, short period comets, three were found that had nodes
between Mars and Venus in the 1973 to 1976 period. Their locations and dates are
printed out in detail.

4.1 SOLAR CORPUSCULAR RADIATION. The charged particle flux in interplanetary
space is governed by, and consists largely of, expanding gases from the Sun. According
to Parker (Ref. 4-1) the corona appears to consist of hot and cool striations, with
temperatures >106 °K and <108 °K, respectively, directed outward along magnetic

flux lines. The Doppler width of coronal emission lines continually suggests tempera-
tures of 2 x 106 °K whereas temperatures of < 108 °K are indicated by relative emis-
sion line intensities of Feyxy and Fexyy. The solar magnetic field presumably serves

to partially insulate and isolate the hot and cold regions from each other.

However, within a given striation the thermal conductivity is extremely high and, as

a consequence, the radial temperature gradients are probably not more than a few

(~ 3) degrees per kilometer near the Sun (Ref. 4-2). It follows that the hot lower
corona heats the outer corona by thermal conduction, thereby enhancing the evapora-
tion process. Consequently, at distances of a few solar radii, the corona is expanding
at velocities of several hundred km/sec, i.e,, in excess of solar escape velocity.
Parker calls this escaping plasma the solar wind and identifies it with "solar corpus-
cular radiation" (Ref. 4-1).

A consequence of the solar wind model for the interplanetary medium is the dragging-
out of the solar dipole field into a radial configuration in interplanetary space, This
should be most evident at lower latitudes where the electrically conducting plasma
flows perpendicular to the unperturbed magnetic flux lines. Indeed, Bachman (Ref.
4-3) was able to simulate the observed directions of polar streamers in the solar
corona by assuming a dipole magnetic field with poles located on the axis of rotation
at distances of 0.6 solar radii from the Sun's center. The representation fails at
latitudes below 50° to 60°, presumably, because of the stretching out of the 1-gauss
solar dipole field. This results in an interplanetary magnetic field which varies
more as the inverse square of the distance than the inverse cube associated with
dipoles. The field will actually have a spiral contiguration because of solar rotation,

Preliminary study of Mariner II magnetometer data suggests interplanetary magnetic
field values ranging from 2 to 10 gamma (Ref. 4-4).

In further support of Parker's theory, Mariner II (Ref, 4-5) consistently detected

a measurable flow of plasma from the direction of the Sun. Ten ranges of plasma
current were monitored, corresponding to proton velocities ranging from 314 to 1250
km/sec. These two extremes were observed only occasionally, whereas there were
almost continuous plasmas moving at speeds of 563 and 690 km/sec which correspond,
in Parker's theory, to isothermal corona temperatures of 0.75 X 108 °K and 1.8 x

106 °K, respectively (Ref. 4-1) .

4-2
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4.1.1 Solar Flares. The solar wind does not appear to present radiation hazards to
man in space. The solar flare is thought to be the principle source and indicator of
intense, high energy proton fluxes which are potentially hazardous.

In general, major solar flares are explosive outbursts of light and ionized matter in
the vicinity of sunspots, and rarely occur more than 10° km from the center of a

spot group. The flash of red hydrogen-alpha light (6562.8 A) may cover as much as
0.1 percent of the Sun's surface, Subflares, which are minor, short-lived outbursts,
may occur without associated sunspots, They are not considered hazardous, although
during periods of solar activity there may be one or two dozen every day. When seen
on the limb (in profile) a flare may resemble a bright little mound directly above the
photosphere. Since loop prominences often appear with flare intensities, it is thought
that they too might be flares on the limb.

After, or during the initiation of a flare, some of the spot facular, or plage, regions
may brighten considerably. Also, occasionally one of the dark hydrogen atom clouds
(filaments), which float above the photosphere and become prominences when seen in
profile, may be observed to brighten and temporarily vanish or blend with the back-
ground hydrogen-alpha light following a flare, Since intermediate filaments may
remain dark and undisturbed, the phenomenon must not be caused by direct radiation
but rather by ions moving along magnetic flux tubes, It may be possible that the
heating, or increase in ionization required to produce transparency, is caused by
fast-moving, electromagnetic shock fronts traveling in curved paths or undergoing
focusing.

Moreton (Ref. 4-6) and co-workers discovered flare-initiated disturbances moving
through the solar atmosphere at speeds of 1000 km/sec. They also found that some
filaments were activated at distances as great as 500, 000 km.

It is safe to assume that flare energy is supplied by sunspot magnetic fields, Sunspots
with irregular, or disordered, magnetic fields are more likely to produce great flares.
A hint at this is illustrated in Table 4-1, where eight flares are listed which produced
solar cosmic rays (protons in the Gev energy range) along with the associated sun-
spot (8S) magnetic field types. It is seen that four of the S8 magnetic fields were
complex (y), three were semi-complex (87) and only one was bipolar (B). None were
uncomplicated unipolar (@) spots.

In studying the flare of 23 February 1956, Parker (Ref. 4-7) found an energy of about
2 x 1032 ergs of which 0.6 x 1032 ergs were in hydrogen-alpha light. About 2 x 1030
ergs were spent in generating protons with energies greater than 2 Gev. At the Earth
this gives about 104 ergs/cm? if the particles are spread over a solid angle of 1
steradian. Diffusion of this flux by interplanetary magnetic fields would effectively
double the flux passing through a unit volume. Assuming an inverse square law, it is

approximately doubled again as close to the Sun as Venus,
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Table 4-1. Solar Cosmic Ray Flares

SUBSEQUENT
MAGNETIC TYPE OF DISK POSITION GEOMAGNETIC
DATE ASSOCIATED SPOT OF FLARE ACTIVITY
28 February 1942 y 4°E 17N Great Storm
7 March 1942 ¥ 90°W 7°N  Small Storm
25 July 1946 By 15°E 22°N  Great Storm
19 November 1949 B 70°W 2°S  No Storm
23 February 1956 v 80°W 23°N  Great Storm
4 May 1960 y 90°W 12°N  Moderate Storm
12 November 1960 By ~10°W 25°N  Very Great Storm
15 November 1960 By ~50°W 25°N  Great Storm

X-ray radiation from a class 2 + flare was measured by Friedman (Ref. 4-8) who
found an integrated flux of 7100 erg/cm? at the Earth's distance. Assuming that this
energy was spread over 27 steradians one obtains 1031 ergs at the flare site. '

Total flare-associated radio noise energy has been as great as 1022 ergs (Ref, 4-9).

4.1.2 Procedures for Predicting Annual Solar Flare Fluxes to Interplanetary
Spaceships. It is well known that solar flare data obtained by different observatories
are frequently inconsistent. For example, the number of flares reported depends on
the longitude of the observatory, or in other words, on universal time! Three times
as many flares of class = 1 are reported between 7h and 81 UT than are reported
around 181 UT. Secondly, twice as many flares of class = 2 are reported near the
center of the solar disk than near the limb. Finally, different observatories fre-
quently disagree on the importance of the same flare, :

Fortunately, the IGY flare data for the last six months of 1957 and for the entire
year 1958 have been analyzed and modified to remove understandable conflicts of
the types just mentioned (Ref. 4-10). This work was done by Constance Warwick of
the NBS in Boulder, Colorado. Flare areas were also corrected to yield more
realistic importance values.

The year 1958 was, therefore, selected as a model year to represent the last peak
in solar activity (1957-1958) . Since major flares are always associated with sun-
spots, flare activity in future years is estimated from predicted sunspot (SS) numbers.

In Figure 4-1 the predicted smoothed SS numbers for solar cycle 20, with expected
peak in 1968, are superimposed on cycle 19, withapeak in 1967-1958. The average
value of 11 cycles (8 to 18) is also shown, taken from Ref, 4-11,
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The next SS number peak in 1968 is assumed to be around 135, which is about 2/3 of
the 1957-58 peak. This is based on the work of Minnus who calculated that there
was a 0.75 chance of the peak lying between 110 and 160 (Ref. 4-12).

Solar conditions identical to the model year 1958 were used for all interplanetary
trajectories. Future years are weighted with respect to the model year on the basis
of predicted smoothed SS numbers. Thus, the anticipated SS number peak of 135 in
1968 has a weight of 0.675, based on a SS number of 200 for 1958.

During the anticipated period of minimum activity from 1973 to 1976 the mean annual
SS number may range between 10 and 20. Mean annual solar fluxes would therefore
be expected to drop to 5 or 10 percent of their 1958 values. However, because of
the many assumptions needed to make these predictions and to remain conservative,
the annual flux at solar minimum is assumed to remain at 1/3 of the value at the

JANUARY OF EACH YEAR
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Figure 4-1. Predicted smoothed SS numbers showing cycle 19 (top scale), predicted
cycle 20 (bottom scale), and the mean of cycles 8 to 18 (bottom scale).
It is assumed that the incidence of major solar flares will occur approxi-
mately in proportion to the smoothed SS number.
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preceding solar maximum. Since the forthcoming SS number in 1968 is expected to be
1/3 less than the 1957-1958 peak, the working value for the 1973-1976 minimum
period might be taken as 1/3 x 2/3 or about 2/9 of the 1958 annual flux, One-third

of the 1958 value is probably well on the conservative side.

4.1.2,1 Net Solar Flare Flux Per Mission. The calculation of the net flux encountered
per mission by an interplanetary vehicle is a statistical problem since the solar distance
is a variable, and the flares effectively occur at random. Also, there is not a one-
to-one correspondence between flare incidence and particle encounter.

For representative computational purposes, the probabilities of occurrence of flares
of various types are inferred from the frequency of their occurrence in the model
year 1958, If the flare importance is limited to class = 2, there is atotal of 112
flares to consider. The probability of particle encounter from these flares must
also be introduced, which effectively reduces the number of flares to 12, based on
polar cap absorption (PCA), as explained in Section 4.1, 2,2,

The total flux encountered per mission is calculated as follows:

a. For each trajectory of interest, the inverse square of the solar distance, normal-
ized at 1 AU, is calculated for 10-day intervals. Thus, for a 410-day trip there
are 41 points along the trajectory where solar conditions can be sampled (Figure
4-2).

b. The probability of occurrence of a specified number of flares of any given class
is assumed to obey a Poisson distribution. Thus, a constant probability per
unit time is used and the mean of the distribution corresponds to the average
flare incidence for the corresponding flare class, Effectively, the various Pois-
son distributions are compounded with the weight factors discussed below, and
a single resulting distribution is obtained. The justification for this simplifying
approximation is that the probability of occurrence of each type of flare per
unit time is small. In the actual computation, the simultaneous occurrence of
more than one flare is excluded, and overlap between successive time intervals
is ignored., The use of discrete time intervals instead of a continuous time
base does not lead to any significant error.

c. When a flare occurs a flux is calculated, based on a normalized flux at 1 AU
from a model class 3 + flare, and corrected for inverse-square effects. A
weighting factor is then introduced which takes into account the flare class.

Total flux, or source strength, from flares of different classes are weighted
according to the product of average duration, hydrogen-alpha brightness, and
corrected area. The relative weights used for flares of each class are indicated
in Table 4-2.
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Table 4-20

FLARE CLASS WEIGHT

3+ 1,0
3 0.2
2+ 0.056
2 0.02

d. The net flux (which may be zero) associated with each sampling is stored in an
integrating circuit and read out at the end of the trip.

e. This process is repeated severai hundred times until the dose distribution is
well defined. About 500 round trips are sufficient, Both the dose mean and the
standard deviation are calculated in the program.

In making these calculations, both the probability of encountering flare particles
from flares of each class, and a suitable model for class 3+ solar flares were
required, A brief discussion of the apalog computer program is given in
Section 4.1.2.4. .

4.1.2.2 TFlare-Particle Encounter Probability. Polar cap absorption (PCA) events
were assumed to be the most reliable indicators of the arrival of intense solar proton
beams with energies in the 10 to 100 Mev range or higher, Also, since PCA events
correlate well with flare-associated dekametric radio bursts, the latter are believed
to provide evidence that flare particles have left the Sun (Ref. 4-13). Proton fluxes
with insufficient intensity to produce PCA were assumed harmliess. The number of
PCA/year for flares of each class from 1956 to 1860 is plotted in Figure 4-3.

Table 4-3. Solar Flare and Polar Cap Absorption Data For 1958

FLARE CLASS 3+ 3 2+ 2 1+ 1,1-
NUMBER OF FLARES (1958) 4 9 43 56 550 9007
ASSOCIATED PCA EVENTS 3 2 3 4 - -
PCA/FLARE 0.75 0.22 0.07 0,07 -- -

APPARENT ANGULAR BEAM

WIDTH-STERADIANS 5.7  1.38 0.44 0.44  -- -
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The data in Table 4-3 were calculated from references 4-10 and 4-13 to determine the
effective number of hits on space vehicles from flares of different class. It is
assumed that a PCA is synonymous with a vehicle "hit." This is believed to be
justified because both Earth and the space vehicle are small compared to flare
particle beamwidths, :

The spiraling of high energy particles will introduce an error when vehicles are at
great solar distances where the particles will be arriving almost from the West.
Another source of error which also underestimates fluxes is the trapping mechanism
in interplanetary space. This is not yet understood, and although the slow decay of
flare flux can be integrated into the total normalized flux at 1 AU, the modification
to the inverse-square-law decrease with distance may be significant. For example,
the dependence may be closer to an inverse cube between Earth and the Sun, and
closer to being linear between Earth and Mars (Ref. 4-14),

A plot of flare class versus PCA per flare class (from Table 4-3) for the year 1958
is shown in Figure 4-4, It shows that larger flares produce more PCA's, or more
"hits" on space vehicles, per flare than small flares. If this is interpreted as a
geometrical phenomenon dependent on angular beamwidth, then (from Table 4-3)
flares of greater importance have larger beamwidths, This may be interpreted
another way by assuming that flares of greater importance are more likely to produce
intense particle beams. Whether particles are released might be determined by
criteria such as strength and duration of decimetric or dekametric radio emission,

3+ ——
e
w0 /
E 3 ]
O
K]
(o<1
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2
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0 0.2 0.4 0.6 0.8 1,0
PROBABILITY OF ENCOUNTER/FLARE

Figure 4-4, Probability of particle encounter/flare as a function of flare class.
The probability of encounter/flare of a given class is defined as the
number of PCA absorptions per year from flares of the given class
divided by the number of flares per year of the given class,
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4.1.2,3 Model Class 3+ Solar Flare. The flare of 10 May 1959 was used as a model
for normalizing the radiation dose from class 3+ flares at a distance of 1 AU, This
selection was made for the following reasons: a) a considerable amount of good data
was available; b) the flare was analyzed from several viewpoints including the conse-
quences of flare energy limitations (Ref, 4-15), and probable secondary particle
productions in shields (Ref. 4-16 and 4-17); and c) the flare was larger in area (45
square degrees) and longer in duration (4.3 hours) than other flares of the last solar
cycle (number 19).

It was therefore considered to be one of the more hazardous flares on record, although
it could have been worse since there was a paucity of particles with energies above a
few hundred Mev. It also occurred 50 degrees East of the central solar meridian,
which suggests that Earth was not in a position to receive the most hazardous flux
component from this flare.

It is well known that cosmic-ray-type flares tend to occur in the northwestern quadrant
of the solar disk, The flare of 23 February 1956, which produced particles with
energies as high as 15 Gev, was on the NW limb. Other flares through 1960 which
produced Gev particles are listed in Table 4-1,

The tendency for high energy flares to occur in the West can hardly be attributed to
chance. The most reasonable explanation appears to be that the very high energy
proton fluxes are greatly charged (lacking electrons) and are therefore steered by the
solar magnetic field lines which spiral because of solar rotation. This is shown in
Figure 4-5, where the accompanying low-energy plasma is expected to be less influ-
enced by the solar magnetic field because of over-all neutrality and high inertia.

It is possible, therefore, if the 10 May 1959 and 23 February 1956 flares could have
been interchanged, that Gev particles might have been detected from the very large
May flare while they might have been missing from the February flare,

There is probably a most hazardous location for a great flare with respect to a space
vehicle, where both high and medium energy fluxes deliver an over-all maximum
dose, but this has not been determined.

4.1.2,4 Flare Simulation. A simple, yet adequately rigorous, probabilistic model
is used to duplicate solar conditions during interplanetary missions. The random-
event process is simulated on the analog computer by use of an electronic white-noise
generator, Pulses which are random in time are used to sample on a repetitive
sawtooth waveform varying linearly from 0 to 100 volts. Thus, random voltages are
sampled which are uniformly distributed in the range 0 to 100, Voltage intervals
within this range are assigned widths which are proportional to probabilities of
flare-flux encounter and the remaining interval corresponds to the absence of flux.

4-11
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Figure 4-5. Representation of the solar magnetic field as seen from above, or
north of, the solar equator, parallel to the axis of rotation. The flux

lines are expected to be spiraled and may serve as guides for high
energy flare particles.
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Each sampled voltage level is classified according to the interval within which it lies.
Whenever a given interval is thus triggered, a flare of that type is said to have
occurred. A gate is then opened momentarily to a voltage accumulator circuit and

a voltage is added which is proportional to the product of the flux for that type of
flare at unit solar distance and the inverse square law correction factor for the actual
position in the orbit. At the end of the mission, the accumulator thus registers the
total dosage contributed from all flares. This value may be read out on a meter,
plotted on a graph, or simply transferred automatically to another register which is
part of a circuit for cumulative computation of both the mean dose and the standard
deviation.

The prototype analog computer block diagram is shown in Figure 4-6. Standard
analog computer symbols are used. The "intensity function, " namely, 1/R2 versus
time, is set up on a diode function generator. The function is approximated satis-
factorily with a number of straight line segments., Each individual simulated mission
requires a matter of seconds on the computer,

The computer used is an Electronic Associates Model 16-special, operated in the
repetitive operation mode. Several dozen operational amplifiers are employed, along
with a modest array of relay comparators, servo-multipliers, and a white-noise
generator. The simulation technique is regarded as cheap, flexible, and easy to
program and run on short notice.

4.2 PRIMARY COSMIC RADIATION. Cosmic rays are believed to consist of ele-
mentary nuclei with atomic numbers ranging up to 27 or higher. Primary cosmic
ray electrons have been discovered (Ref. 4-18 and 4-19) in the energy range 0,3 to
3.0 Gev. More recently (Ref, 4-20), primary electrons in the rigidity range 10 to
1000 Mv were observed to undergo a 40 percent Forbush decrease in flux while the
primary protons underwent a simultaneous 9 percent decrease for E > 350 Mev. The
omnidirectional electron flux, with E> 1.3 Gev, may be of the order of 0.1/cm?2/sec.
The fluxes appear to be omnidirectional in space and are assumed to originate within

our galaxy,

The particle energies range from the order of 102 Mev to over 1012 Mev. Ionization
losses increase rapidly for energies below 102 Mev and it is not realistic to extend
the spectrum any lower. Minimum particle energies measured during the recent
cycle of solar maxima and minima were > 420 Mev and > 230 Mev, respectively
(Ref. 4-21),

The various nuclei found in galactic radiation and their relative abundances are
indicated in Table 4-4 from a compilation by E.P. Ney.

4-13
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Table 4-4. Abundance of Cosmic Ray Particles

NUCLEI ABUNDANCE
Hydrogen 1000
Helium 155
Li, Be, B 0.24
C,NO,F 1.2
10 s Z s22 0.3
23 sZ =30 0.1
Z>30 0.0001

The mean energy of charged particles in the inner solar system can be estimated
from the cosmic ray exposure ages of meteorites; e.g., by determining the steepest
helium-3 gradients (Ref. 4-22). The average energy, when determined in this man-
ner, ranges from 4 to 6 Bev for protons, and is constantwithin a factor of three
(private communication from E.L. Fireman).

The proton energy spectrum is given approximately by

N (>E) = —% p/cm2/ sec/steradian

1+E
4
which is valid over the energy range 500 Mev < E < 2 x 10 Mev (Ref, 4-23).
Heavier nuclei have similar spectral shapes but with somewhat lower average energies.

Cosmic ray intensities are known to vary 180 degrees out of phase with the general
solar activity. Presumably, this is caused by outgoing magnetized plasmas which
turn incoming charged particles away from the Sun. Collectively, the outgoing
plasmas constitute an ionized wind, referred to as the "solar wind," caused by
enhanced coronal evaporation (Ref. 4-24). It is probably reinforced at solar latitudes
below 60 degrees or so, where flares, plages, prominences (spicules), and sunspots
are more plentiful.

Forbush discovered that geomagnetic storm producing plasmas from major solar

flares could also modulate the cosmic ray background, the changes (decreases) being
transient in nature, short-lived (Ref, 4-25) and as great as 30 to 40 percent,

4-15



AOK63-0001

Forbush decreases can be attributed to magnetic fields carried with solar plasmasg
rather than to disturbances in the geomagnetic field, This concept received con-
siderable support when cosmic ray decreases were registered by both Pioneer V
and the Earth, while the former was well beyond the terrestrial magnetosphere.

Cosmic ray primaries with energies below 2 Bev do not produce sea level neutrons
except possibly over the geomagnetic poles. However, they undergo greater intensity
variations than the higher énergy components (about a factor of two between solar
maximum and minimum), based on measurements of the over-all ionization near

the top of the atmosphere at high latitudes (Ref, 4-23),

4.2.1 Cosmic Ray Radiation Dose. Measurements by three different space probes
far from Earth agree within 20 percent on CR particle intensities; €.g., Mechta; .
2.4 particles /cm2/ sec; and Pioneer V: 2.5 particles/cm2/sec, These measurements

If the flux density is taken to be 5 particles/cm2/sec with a mean particle energy of
4 Bev, the power passing through a unit volume is 0, 032 ergs/cm2/sec or an energy
density of 1,0 x 10~12 erg/cm3, Thig compares favorably with Woltjer's estimates
(Ref, 4-26) of energy densities in the galaxy; e.g.,
. -12 3
Magnetic energy density = 4 x 10 erg/cm
Kinetic energy density of random motion = 1x 10712 erg/cm3
-12 3
Energy density of cosmic rays =1 x 10 1 erg/cm

- 3
Kinetic energy density of galactic rotation = 5 x 10 10 erg/cm
~-12
The optical radiation in the galactic plane is about 0.5 x 10 1 erg/cma.

If the entire flux were absorbed by a mass of 1 gram, the radiation dose would be 104
rad/year, However, there is no material with this capability. High énergy protons,
for example, give up about 1,8 Mev per gram in tissue, or in materials of low atomic
number, while low energy protons relinquish about 6 Mev/gram based on Berkeley
bevatron data,
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The presence of heavier nuclei in cosmic rays slightly increases these values. For
example, Pioneer V, while measuring the free-space flux of 2.5 particles/cm2/sec
Jnside a volume shielded by roughly 1 gm/cm?2 of material having a low atomic
number, recorded an ionization rate of 5 x 10-4 rad/hr, or 3.5 Mev/gm/particle.

The walls of the Mars vehicles, as presently conceived, provide about 0. 4 gm/cm?

of aluminum/fiberglass insulation, which wipes out protons with energies below 16
Mev, but has little effect on cosmic rays. Since 1 gm/cm? of shielding does not

offer any significant additional protection against cosmic radiation, the ionization

rate data for Pioneer V can be used in making radiation dose estimates. This gives

12 mrad/day or 4.32 rad/year. If the rate is doubled, as explained previously, the
net CR dose for a 410-day mission is 10 rad. Secondary radiation from the surrounding
vehicle mass will increase the dose rate over Pioneer V. An increase of 50 percent

is assumed, This increase is believed to be realistic but it could be higher, depending
on vehicle mass location. The last two Soviet astronauts averaged 12 mrad/day but
they were partly shielded by both the Earth and its magnetic field.

The physical effects of continuous low level radiation in humans have not been adequately
defined. Some data exist; e.g., Carter and Knowlton (Ref. 4-27) found a statistically
significant drop in total white count and absolute neutrophile and lymphocyte counts, in
a study lasting 77 weeks, where 10 human beings received a gamma radiation dose
rate of 0.2 roentgens/week., However, part of the cosmic ray dose results from
heavy primaries where the rad concept is of little value. The rad is normally used
as a measure of absorbed dose per gram of material, or tissue. The damage pro-
duced by heavy cosmic ray nuclei is limited to tracks less than about 440 microns
wide but sometimes several 1000 microns long. Iron primaries can produce as many
as 10° ion pairs/micron in tissue as shown in Figure 4-7, The dashed lines show the
various energy levels along the path of each kind of particle as it terminates in

water. The resultant dose to the region within the ionization track can be very high,
This is illustrated in Figure 4-8 which is taken from Ref. 4-28.

The number of hits from heavy nuclei and associated "thin downs" on radiosensitive
regions, such as the sensory cells of the inner ear, the retinal cells, ete., can be
calculated to assess the hazard involved. However, quantitative data establishing

the relation between hits in sensitive cells, or nerve tracks, and resulting catastrophies
have not been obtained. It is probably necessary to use an experimental manned space
station for providing such information,

It is known that the pigment cells (melanocytes) of hair follicles have a high radio-

sensitivity, and the loss of three to six pigment cells can turn the whole hair white.
The sensitive melanocytes are about 30 microns wide and twice as deep.
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per micron (10-3 mm) of water. Particle energies corre-
sponding to various residual ranges are also shown,
Courtesy of Dr. Roger Wallace, UCRL, Berkeley.

It is not known at this time to what extent heavy nuclei could initiate cataracts in the
lens of the eye. There is evidence that radiation with a high rate of energy loss (LET)
may be very effective in producing cataracts (Ref. 4-29). The minimum time for a
cataract to form in rats after exposure to radiation is about six months. The epi-
thelial cells which cover the anterior portion of the lens are sensitive., The cataracts
result after the damaged (not killed) cells migrate to the posterior (rear) part of the
lens. About 200 rads from 100 Kv X-ray radiations have caused cataracts after 3

to 5 years in humans.

However, Curtis (Ref. 4-30) concludes that heavy cosmic-ray particles do not pose
serious problems for man in space based on laboratory studies of mice exposed to
deuteron microbeams to simulate heavy particle ionization patterns, It was deduced
that a) braintissue is very insensitive to the radiation, b) only minute abnormalities
and possibly minute cataracts are formed in the eyes, and c¢) hair follicles, when hit,

will probably turn grey.
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Figure 4-8. Showing the high energy deposition in tissue
from heavy nuclei as a function of track width,

Two other problems which need further scrutiny in connection with cosmic rays are:
a) the effects from extremely fast dose delivery rates uniquely characteristic of
cosmic primaries, and b) the fact that there appears to be no clear low-level toler-
ance limit for cosmic radiations.

4.2.2 Nuclear shielding. The mass of shielding that a charged particle can penetrate
is given by its range in the shield material, unless it has a nuclear interaction. Pro-
tons with energies of a few Mev (less than 20 Mev) have little chance of nuclear
interactions, except in beryllium which has a loosely bound neutron. As the proton
energy increases the probability of a nuclear interaction increases, and for proton
energies of a Bev or more there is hardly any chance of penetrating to their full
range. Cosmic ray protons have average energies of 4 to 6 Bev where penetrations
are governed solely by collisions. The concept of mean free path (mfp) is therefore
of more interest., The mfp is defined as the range of mass traversed by a nucleon
before undergoing a collision, and is the reciprocal of the total cross section. In
carbon the mfp is approximately constant for proton energies over 180 Mev.

4-19



AUK63-0001

At high energies the Inelastic nuclear cross section (0;) is related to the mean free
path by

X =i (4-1)

where N = number of nuclei/gm. Now, a mass in grams, equal numerically to its
atomic weight (A), contains N, atoms or, if N is the number of atoms/gm, then

N = NO/A atoms/gm (4-2)

Hence, from the above equations,

A

A= 4-3

Nyo, (4-3)
The nuclear cross section for high energy nuclear interactions is essentially the
inelastic cross section. The total Cross section (o0y) is defined as the sum of the
elastic (0,) and inelastic cross sections. The effective "removal cross section"
lies between 0; and 0, and coincides with 0; at high energies. This is illustrated in
Figure 4-9,

10 Tt T— Tt Tttt I—1 11
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Figure 4-9, Cross Sections for Protons and Neutrons in carbon,
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The inelastic cross section is related to the geometric cross section (0,) through a
small correction for nuclear transparency. Transparency is defined as the probability
of a neutron or proton traversing a nucleus without interaction when averaged over all
possible paths. For example, Kocharian, et al (Ref. 4-31), found that the graphite
nucleus was semitransparent to protons and 7 mesons at proton energies E = 6 Gev.
For carbon,

c =0,
= 0.650 (4-4)

The transparency decreases with increasing atomic number (Z) and, accordingly,
they found that Ui =0,75 o, for copper, and 0.9¢ for lead.

The collision cross sections for neutrons and protons are about equal at energies
above 20 Mev, The coulomb forces affect charged particles at lower energies, and
tend to produce strong scattering in the forward direction.

The inelastic cross section and mfp can be calculated as follows. Equation 4-4 is
written as

o, =0.65 7 RrZ (4-5)

where R is a good measure of the size of the nucleus. In using Equation 4-5 it is
necessary to use the coefficient 1.4 in the expression for R, viz.,

R=1.4x103,4 13 (4-6)

The coefficients in Equations 4-5 and 4-6 depend on the experiment. For example,
the latter may vary between 1.1 and 1.5. However, the coefficient 1.4 is the proper
one to use with 0,65, Now for carbon, from Equations 4-5 and 4-6

0, =0.657 (1.4)2 (2.29)2 x 10726 cm?

= 210 millibarns. (4-7)

The corresponding mean free path is found from Equation 4-3) to be

12 x 1027
6.03 x 1023 x 210

A= = 95 gm/cmz.

It was also found that the inelastic nuclear interactions of 7 mesons and protons for
energies > 1 Gev were equal and independent of energy within the limits of experi-
mental errors.
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4.2.2,1 Hydrogen Shiclding. Hydrogen appears to provide the maximum amount of
protection against CR nuclei with the least mass. That is, the collision cross section
(0;) varies as AZ/3 while the mass varies as A. Thus the ratio ¢;/m varies as A-1/3
and is greatest for hydrogen, A comparalkle carbon shield would be more than twice
as massive, although there is a weight problem in containing hydrogen. Hydrogen,
boron, lithium, polyethylene, water and other low-7Z materials are therefore of great
interest for CR shields. Thesc materials also have the advantage of contributing no
heavy recoils when nuclear siars occur,

Hydrogen does not yield secondary ucutrons until the incident nuclei are energetic
enough to produce reacticns such as

.‘.
p+p - 7 +1n +p and

0
Y 4 g’ +n+p.

p+p 7w
Star formation is a very impurtant phenomenon in reducing the heavy primary hazard.
It eliminates a heavy nucleus, along with the associated high specific ionization that
it creates just before stopping, and replaces it with lighter nuclei.

In a typical fragmentation, aniron primary may produce 7 neutrons, 6.2 protons, 1.1
deuterons, 1.2 tritons, 0.75 He3 nuelei, and 2.3 Het nuclei {(Ref. 4-32). A magne-
sium nucleus (12 protons and 12 neutrons) is all that remains, The ionization density
is proportional to 72, Pricr to the collision it was 676 as compared to 162 (6.2 +
1.1+1,2~-2,3 x 22 . 12:'3) following the coilision, a reduction of 75 percent.

4.2.2.2 Mean Free Path of Heavy Nuclei, The collision cross section for nuclei
i and k of atomic weighis Ai and Ak is given by (Ret, 4-33)

3]
F

O =m(r, +~1r =2Ar
(r, = r, -2A7)

where ~13 1/3
o = 1,45 = 10 A cm
i,k i,k

and .
AT = 0.85 x 10~ cm.

For Fe nuclei on hydrogen
B : 2
-13 -13 -13
g = 11[1.45 > 10 1 (1) + 1.45 x 10 (3.825) - 1.7 x 10 ]

-24
= 0,88 x 10 cm .
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The mfp is then given by

- S 1
- No, ~ 8.03 x 1093 x 0.88 x 10-24

=1,9 gm/cmz.

The mfp in an iron shield is about 18 times as great (34.5 gm/cmz) , from which it is
concluded that large metal masses such as generators and electronic equipment do
not provide much additional protection against very high energy particles and may do
more harm than good.

The curves in Figure 4-10 show the mfp for various nuclei in hydrogen and air.
Brass is also shown as an example of a heavy material,

4.2.2,3 Thermal Neutrons. Since very low energy neutrons can be quite dangerous,
especially to the eyes, materials have been selected to absorb them. This problem
could become serious if a nuclear engine did not shut off properly, for example.

Boron and gadolinium are of particular interest for covering inside walls of shielding.
Boron, hydrogen, and gadolinium cross sections are shown in Figure 4-11, Boron
was chosen for a filler material on the inside walls of polyethylene shielding because:
a) natural boron provides a high concentration of B10 isotope (about 18.5 percent)
which has a very large capture cross section for thermal neutrons, surpassing H at
energies below 1000 ev; b) it gives no capture y radiation, yielding only low energy
a particles which can be stopped by paper, and c) it has been added to polyethylene
successfully.

Some properties of commercial linear polyethylene with 6 percent amorphous boron
(Trona) are listed in Table 4-5. Data were supplied by Phillips Chemical Company.

Table 4-5. MARLEX 6000, Type 9 Plus 6
Percent Amorphous Boron (Trona)

Softening Temperature 260°F
Thermal Expansion 0.6 x 10-4 in,/in./° F
Tensile Strength (2 in. /min) 3930 psi
Tensile Elongation (2 in./min) 150 percent
Compressive Stress (Yield or stress

at 1 percent offset) 2700 psi
Shear Stress (2 in./min) 3560 psi
Density 1.0 gm/cc
Appearance Rigid Brown Solid
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4.3 TRAPPED PARTICLE RADIATION. Data from Explorer XII, Energetic
Particles Satellite (8/16/61), indicates that there is a single large trapped particle
region around Earth with different characteristics within the region (Ref. 4-34),
rather than an inner and outer belt as formerly thought.

Older space probe measurements, suggesting 20 kev electron fluxes of 1011 particles/
cm?/ sec, were based on the incorrect assumption that only bremsstrahlung, not
electrons, penetrated the shielding; this made the flux about 103 times too high and
the Mev electron flux far too low., O'brien, et al (Ref. 4-35), using Explorer XII
data found the maximum electron flux to be closer to 108 particles/cm2/sec. This
effectively eliminates trapped electrons as a hazard to interplanetary spaceflight,
since the solar flare shielding which must be provided is adequate for direct passage
through the region. However, because of the larger number of electrons in the Mev
energy range (Table 4-6), the outer part of the belt may give a bremsstrahlung dose
rate of the order of 0.1 rad/hr, This has not been quantitatively evaluated up to
this time, but it could influence emergency orbital operation procedures. The same
is true for the artificial trapped particle belt,

The electron intensities in Table 4-6 were taken from Ref, 4-2, The Freden and
White spectrum (Ref, 4-36) was used in estimating trapped proton intensities.
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Table 4-6. Electron Intensities in Outer Portion
: of Trapped Particle Belt

ENERGY RANGE ELECTRONS/CM2/SEC
45 <E <60 Kev ~1.4 x 108
80 < E < 110 Kev ~1.3 x 108
0.110 < E < 1.60 Mev < 108
1.6 <E < 5 Mev ~2 x 109
5.0 < E Mev <108

4.4 COMETS AND METEOR STREAMS. Cometary nuclei and streams of meteoritic
matter each constitute potential hazards to manned spaceflight. The nuclei, in them-
selves, present no serious problems because of their small sizes and scarcity.
Cross-sectional areas are thought to be less than a few hundred kmz, while the
majority are probably less than a few km2 (Ref. 4-37). However, comet heads
range in diameter from 104 to 106 km, while the tails have been as long as 2 AUs.
Comet heads are more likely to contain larger size debris than the tails since they
remain in the vicinity of the nuclei and move along the orbits. The tails are believed
to be more feathery, consisting of gases and micron-sized dust particles blown out
of the heads by solar wind and radiation pressure. In fact, larger sized debris,

such as chips from nuclei (cometoids), must tend to lie along the orbits since at
least a dozen meteor streams can be associated with known comets.

The appearances of new comets or re-appearances of comets observed more than about
200 years ago cannot be reliably predicted. However, from the comet discovery rate
for the year 1959 it appears that there is about one chance in 6000 of a new comet
coming within 102 AU of a space vehicle traveling between Mars and Venus, That

is, the chance of a space vehicle passing through a new comet's coma is no more than
about 1/6000 per year.

The distribution of comet perihelia on the celestial sphere is shown in Figure 4-12,
where it is strongly suggested that new comets may come from almost any direction.

At least one comet is known to have struck the Earth during recorded history; i.e.,

the object which blew down an estimated 80 million trees in the Siberian taiga on 30
June 1908 (Ref. 4-32). The net energy of the explosions may have been as great as
1028 ergs and the total mass of the disintegrating objects about 1013 grams (Ref, 4-33).
This is considered to be a small, faint comet whereas a great comet might have a
mass of up to 1021 grams (Ref. 4-34).
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The appearance of short-period comets can be predicted with a fair degree of accuracy,
although we cannot say "all is well" regarding them. For example, orbital elements
have been computed for 94 comets, with periods less than 165 years, observed between
239 BC and 1961 AD. Sixty-four of these were discovered during the latter 100 years.
Thirty-two were lost after the first appearance, eight have not had time to make a
second appearance, and fifteen others were missed after two or more appearances
(Ref. 4-35). Thus, only 39 of the 94 recorded short-period comets may be expected

to appear on their predicted returns.

Very little is known about meteor streams which do not Intersect Earth's orbit. How-
ever, an idea of what might be expected can be obtained by noting how the perihelion
distances of comets vary with numbers of comets., This is illustrated in Figure 4-13,
where the perihelia of 566 different comets of all periods are plotted against the number
of comets. There is a peak between 0.7 and 0. 8 AUs. The nodal distances would be
more significant but they have not been calculated for all of these comets. The inner
nodes would be expected to peak somewhat under 1 AU. Because the orbits converge
near the Sun, the meteor-stream encounter hazard should be greater on a Venusian
mission than on a Martian mission. However, hazards from sporadic meteoroids were
found by Mariner II to be small,

The expected number of nodes between Venus and Mars from March 1974 to January
1976 is three, as shown in Table 4-7. Because of the low inclination, comet Finlay
presents the greatest hazard although, if properly avoided, it may offer the crew a

rare opportunity for close observations during a Martian trip.

The location of the node in question is given by R1 (solar distance}, {2, (longitude),
and T1 (time of node). The remaining symbols are: a (semi-major axis), P (period),
e (eccentricity), q (perihelion distance), w (argument of the perihelion), (longitude
of ascending node), and i (inclination), :

Not all meteor streams carry equally hard objects; i.e. the, friability or crushing
strength of shower meteors seems to be a characteristic of the particular stream,

The Geminids, for example, have harder cores, are larger, and may be a degree
more hazardous than most meteoroids. Jachia (Ref. 4-36) finds that Geminid densities
are roughly 2.4 times as great as average meteoroids. He also notes that Taurid
meteoroids do not fragment and appear to be unusually tough, although of average
density (Ref. 4-37). On the other hand, the Draconids are exceptionally fragile and
have been observed (on radar) to break up before being visible telescopically.

Orbital information relating to 24 meteor streams, adapted from reference 4-36, is
given in Tables 4-8 and 4-9.
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Table 4-7. Cis-Martian Comet Nodes, 1973-1976

a(Auy) P e q (AU) w 2 i R1 (AU) ‘Ql T,
Tuttle 3.109 5,48 0.641 1,117 37.9 165.6 13.8 1.2172 165.6 1973.12
(1973. 27) : ’ ' ‘ . .
Finlay 3.624 6.90 0.703 1.077 321.6 42.1 3.6 1.1826 42.1 1974.57
(1974.47) . : : : ¥
Perrine
(1975. 15) 3.472 6.47 0.667 1,154 167.8 242.6 15.9 1.1645 62.6 1975.18
Table 4-8. Meteor Stream Orbital Elements

STREAM w Q i a(AU) e q (AU)
Quadrantids 167.9 28226  73.8  3.42  0.715 0.974
Virginids 285.8 3563.7 5.2 2,82 0.857 0.403
I 187.1 27.3 11.0 2,67 0.626 0.999
Lyrids 213.9 31.8 79.9 29.6 0.969 0.918
N Aquarids 83.0 43.1 160, 0 5.0 0.91 0.47
Daytime, Arietids 29 76.8 21 1.6 0.94 0,09
Daytime, { Perseids 59 77.8 0.4 1.6 0.79 0.34
Daytime, 8 Taurids 246 276.4 6 2,2 0.85 0.34
Southern, § Aquarids 154 302 29.3 2.60 0.976 0.062
Northern, § Aquarids 332.6 138.9 20.4 2.62 0.973 0.070
Southern, t Aquarids 127.5 311.0 6.0 2.88 0.920 0.230
Northern, t Aquarids 308.0 150.9 4,7 1.75 0. 842 0.265
a Capricornids 270.5 132.8 4.0 2,57 0.779 0.568
Perseids 151.2 138,1 113.7 20.8 0.955 0,936
k Cygnids 204.2 144.3 37.0 4,09 0.762 0.973
Draconids 171.8 196.3 30.7 3.51  0.717 0.996
Orionids 86.8 29.8 163.2 7.70 0.930 0.539
Southern, Taurids 111.9 45.1 5.4 2.30 0.835 0.380
Northern, Taurids 298.4 221.8 3.2 2.14 0.849 0.323
Andromedids 242.4 224.4 6.0 3.34 0.776 0.748
Leonids 173.7 235.0 162.5 12,76 0.924 0.970
Geminids 324.,3 261.2 24.0 1.39 0.899 0.140
X Orionids 105.4 79.8 0.8 2.92 0.859 0.412
Monocerotids 128,2 81.6 35.2 1.002 0. 186
Ursids 212.2 264.6 52,5 5.91 0. 845 0.916
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Table 4-9. Meteor Stream Observed Data

U.T. Radiant Radiant Transit
Date at Extreme 1950 Vo (Local Time)
STREAM Maximum Limits R.A. Dec. km/sec Midnight = 00 hr
Quadrantids Jan 3 Jan 1 230 + 48 42,7 08 hr 28 min
4
Virginids Mar 13 Mar 5 183 +4 30.8 00 49
21
I Mar 13 157 + 56 15.2 20 49
Apr 21
Lyrids Apr 21 Apr 20 270 + 33 48.4 03 59
23
7 Aquarids May 4 May 2 3836+0 64 07 36
6
Daytime, Arietids June 8 May 29 44 + 23 39 09 51
: June 18
Daytime, { Perseids June 9 June 1 62 + 23 29 10 59
16
Daytime, g Taurids June30 June 24 86 + 19 32 11 12
July 6
Southern, 8§ Aquarids July 30 July 21 339 - 17 43.0 02 14
Aug 15
Northern, § Aquarids July 14 339-5 42,3 02 08
Aug 19
Southern, ¢ Aquarids . July 16 338 - 14 35.8 02 04
Aug 25 :
Northern, ¢ Aquarids July 16 331-56 31.2 01 36
Aug 25 :
a Capricornids Aug 1 July 17 309 -10 256.5 00 00
Aug 21
Perseids : Aug 12 July 29 46 + 68 60.4 05 43
- Aug 17
x Cygnids Aug 19 289 + 56 26.6 21 25
22
Draconids Oct 10 Oct 10 264 + 64 23.1 16 13
Orionids Oct 22 Oct 18 94 + 16 66.5 04 12
. 26
Southern, Taurids Nov 1 Sept 15 51+ 14 30.2 00 42
’ Dec 15 :
Northern, Taurids Nov 1 Oct 17 52 + 21 31.3 00 46
Dec 2
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Table 4-9. Meteor Stream Observed Data, Cont

U.T. Radiant Radiant Transit
Date at Extreme 1950 Vo (Local Time)
STREAM Maximum Limits R.A. Dec. km/sec Midnight = 00 hr
Andromedids . Nov 7 ©Nov 7 22 + 27 21,3 | 22 hr 23 min
Leonids Nov 17 Nov 14 152 + 22 72.0 06 22
20
Geminids Dec 14 Dec 7 113 +32 36.5 02 01
15
X Orionids Dec 9 87 + 21 30.6 00 25
14
Monocerotids Dec 13 103 + 8 44.0 01 21
15
Ursids Dec 22 Dec 17 206 + 80 35.2 08 24
24

Additional streams mentioned by Millman (Ref. 4-38) are given in Table 4-10,

Table 4-10,

SHOWER RADIANT

STREAM MAXIMUM (1950)
< b
Aurigids Feb 9 75 + 42

Cetids May 20 30-3
Scorpio-Sagittarius June 14 260 - 26
Draconids June 28 220 + 58
Northern Arietids Nov 12 50 + 22
Beilids Nov 14 24 + 44

4,5 METEORITES. Asteroids are seldom seen at angular distances greater than
about 35 degrees from the ecliptic. Meteorites are assumed to be asteroidal debris
and consequently are expected to populate the same regions of space. Work which
supports this assumption includes that by Wood (Ref. 4-28) who made a study of
stony meteorite orbits and concluded that "'stony meteorites pursue asteroid-like
orbits and are not derived from the surface of the Moon as suggested by Urey".

Because of their apparent paucity, meteorites and asteroids are not expected to be
encountered very often in cis-Martian space.
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The following list of cis-Martian asteroids is of general interest for interplanetary

flight (Ref. 4-39).

Table 4-11. Cis-Martian Asteroids

NAME to M, w Q i e q (AU)
Eros 18 Jan 1931 0.586 177,930 304.071 10.831 0.2398 1.1084
Albert 2 Oct 1911 7.929 151.940 186.094 10.825 0.5406 1,1876
Alinda 31 Jan 1942 358.049 348.119 111.029 9.024 0.5398 1.1602
Atami 19 June 1941 96,784 205.517 213.215 13.102 0.2552 1.4503
Amor 3 June 1948 22.165 25.549 171.202 11.924 0.4346 1.0850
Icarus 7 Aug 1950 53.499 30.912 87.746 22,979 0.8266 0.1869
Betulia 14 Dec 1952 291.862 158.888 61.874 52,037 0,4928 1.1135
Geographos 24 Dec 1954 195,077 276.211 336.999 13.325 0.3352 0.8271
1948 Oa 7 Oct 1948 0.000 126,314 274.191 9.397 0.4360 0.7715
Apollo 25 Apr 1932 319.984 284,878 36.077 6.422 0.5663 0.6445
Adonis 25 Feb 1936 22.086 39,537 352,538 1.480 0.7792 0.4348
Hermes 7 Nov 1937 327.038 90.687 35,367 4.685 0.4746 0.6780

t, = Epoch

M, = Mean anomaly at epoch t,
w = Longitude of the perihelion
Q = Longitude of the ascending node
i = Inclination of orbital plane to ecliptic

e = Eccentricity
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SECTION 5
MISSION OBJECTIVES
5.1 INTRODUCTION. Mission objectives were defined and evaluated in terms of

their effect on scientific payload weight and power requirements, auxiliary vehicle
requirements, and operational mission requirements.

The mission objectives were divided into general and specific objectives, The
general objectives are based on the philosophy that the manned fly-by mission phase
can be leap-frogged and that manned missions, at least to Mars, will occur in the
capture-landing mission sequence, with optional Mars surface excursion capability
already built into the first capture mission to Mars. It is realized that a precise
definition of the specific objectives, and the establishment of priorities, in particular
must be the subject of intense study by the scientific and engineering community, It
has been attempted here to set up a model that will serve as a starting point for
future investigations and priority specifications which, no doubt, will lead to many
modifications of the original model. The basic aspects of the mission objectives

for the first manned flight to Venus or Mars are surveyed in Table 5-1,

Table 5-1. Early Manned Planetary Mission Objectives

GENERAL OBJECTIVES

1. Demonstrate the feasibility of manned round-trip missions to Venus and Mars,
with temporary capture in the target planet's activity sphere and a manned
surface excursion where feasible. ;

2. Mars: Conduct detailed reconnaissance of the planet surface and its environment
in preparation for future landings and surface explorations,

3. Venus: Conduct reconnaissance of the surface and atmosphere to determine
whether, and under what conditions, future manned landings might be feasible
and to further the understanding of the physical characteristics of Venus, its
history, and its part in the evolution of the solar system.

SPECIFIC OBJECTIVES

1. Astronautic Mission Objectives:
Space technology
Planetary/interplanetary operations

2. Scientific Mission Objectives:
Planetary/interplanetary exploration
Planeto-biological exploration
Astro-clinical research




AQK63-0001

5.2 GENERAL OBJECTIVES. In defining the general objectives, the ultimate

purpose of manned planetary flight, namely, surface exploration of the planets proper
(primarily Mars) has been considered. Before this can be accomplished at the scale
commensurate with the task, a capture mission capability, the prerequisite for a
landing mission, must be demonstrated; and proper planetary (Martian) reconnaissance
from orbit must be accomplished, providing detailed information in the form of a
high-resolution map of the major part of the surface and in the form of atmospheric

and surface data, so that a realistic choice of future landing sites can be made.

These two general objectives are not necessarily coupled (Figure 5-1) . One is a
technological objective, demonstrating the feasibility of manned flights from the
activity sphere of our planet into that of the other. For the achievement of this
objective man's participation is mandatory, since proving himself on a mission of

this kind is part of the feasibility demonstration. The second objective is in the

nature of space exploration and could, in principle, be handled by instrumented probes.

The advantages of combining these two objectives in one mission are obvious. However,
since Mars appears to be the only planet for which an extended surface operation can

be seriously planned, such combination of objectives ties the capture mission to Mars
as target planet, '

If the two objectives are not combined, one is free to consider demonstration of the
feasibility of a planetary capture mission by a flight to Venus. If this flight is
successful, a repetition in the form of a fast capture mission to Mars appears not
warranted. For the planning of an extended surface operation, detailed Mars recon-
naissance must then be carried out by instrumented probes of the Voyager or advanced
Voyager type. Since a landing mission can hardly be planned realistically before the
second half of the seventies, the number of opportunities for carrying out such re-
connaissance is not inadequate, if planned in time (Figure 5-2). However, it must

be assured that, in terms of capability and reliability, the probes can carry out the
task. The photo-reconnaissance requirements in preparation for a manned landing
mission are higher than those required for initial scientific information. The probe
must be able to attain a reasonably accurate capture orbit and to transmit fairly high
resolution pictures (10 to 30 meters) for at least one to two months. To the extent

to which redundancy and ruggedness (hence, weight) contribute to the probe's relia-
bility, launch vehicle capability sets practically no limits, if one is willing to accept
the cost, since with the use of Saturn C-5 the escaping probe weight may be as high

as 50,000 to 70,000 lb. The launch windows shown in Figure 5-2 for the probes are
so selected that the hyperbolic excess velocities for Earth departure as well as Mars
arrival do not exceed 0.2 EMOS (Earth Mean Orbital Speed). For capture in a
circular orbit at 1.3 Mars radii distance, the impulsive velocity change lies, therefore,
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Ultimate Objective
(Exploration Phase):
Manned planetary
surface exploration,
Likely first target
planet: Mars

l— Prerequisites: —j

Technological/ operational Reconnaissance of planetary
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Capture mission Capture mission Mars reconnaissance
to Venus to Mars mission by Voyager
d ad d
Small-scale and advanced Voyager
' spacecraft
surface

| excursion |

I
optiona |
L o®temal o

v z

Evaluation J
b ——— — —— D aEuh GEEED MRS WRER
I Decisions ‘
e - Either
— e e e OF *

Mars Landing Mission

Figure 5-1., Two Alternatives in Preparing for the
Capability of a Mars Landing Mission
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between 0.1 to 0.15 EMOS (3 to 4.5 km/sec). Thus, for a specific impulse of 350
sec, the probe weight after capture is approximately 0. 43 to 0.28 of its arrival
weight (which is not very different from the above mentioned hyperbolic escape
weight), that is, 14,000 to 28, 000 1b.

The alternatives of combining or separating the two basic mission objectives of ear!y
manned planetary flights are left open at this point, to retain freedom of choice
between Venus or Mars as first target planets.

9.3 CLASSIFICATION OF SPECIFIC MISSION OBJECTIVES. The number of specific
mission objectives for a manned planetary expedition is very large. Therefore, it

i8 useful to separate the comparatively more important from the comparatively less
important mission objectives by affixing a priority to them.

The purpose of the classification is to:

a. Correlate payload and mission performance requirements,

b. Derive and define specific requirements, especially with respect to the payload,
¢. Provide a guide for establishing system and component reliability requirements,
d. Justify the degree of redundancy on the system and component level,

e. Determine the relative importance of supporting research and development

programs in relevant areas,

In order to meet the specific objectives, the crew vehicle and a number of auxiliary
vehicles are required (Table 5-2), They are discussed in further detail in Section 9.

Table 5-2, Auxiliary Vehicles for Mars or Venus Mission

DESIGNATION DESCRIPTION TASK
MEV Mars Excursion Vehicle Landing men on Mars
C"2 Convoy Companion Instrumented probe which can be

detached from convoy to carry out
sensitive space physical experi-
ments during transfer in helio-
centric space and in planetocentric

space
Mapper Mars: Optical Surveyance and Surveyance of Mars, preferably
Altimeter System, operating from polar orbit, in visual, infra-
while attached to crew vehicle red, and ultraviolet light. While
during capture period; and as attached to crew vehicle, 4 resolu-
independent mapping satellite tion of the order of 10 meters
following convoy re-escape. (33 ft) or less should be achicved.

5-5
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Table 5-2, Auxiliary Vehiclcs for Mars or Venus Mission, Cont

DESIGNATION

DESCRIPTION

TASK

Mapper (Cont)

Floater

Lander

Returner
(Mars)

Marens
Venens

Phopro
Deipro

Venus: Radar Mapping System
operating while attached to crew
vehicle or to a secondary manned
scout vehicle, penetrating to low
altitude; and as independent map-
ping satellite following convoy re-
escape.

Balloon probes of different
buoyancy altitudes.

Soft landing instrumented surface
probe (Surveyor-type) .

Soft landing instrumented
surface probe, capable of
returning to the orbiting crew
vehicle,

Mars or Venus environmental
satellites.

Phobos probe and Deimos probe
(Ranger-type)

Surveyance of Venus in the 10 kme
frequency range; frequency varia-
tion to determine atmospheric
characteristics through radar
wave absorption,

Vertical as well as horizontal
(winds) exploration of the plane-
tary atmosphere, They carry
omnidirectional transmitters
emitting code signals, in addition
to data transmission, by which
the individual probe can be identi-
fied by the crew vehicle on the
day or night side of the planet.

Soft landing at selected sites.
Reports environmental conditions
and search-for-life results to
crew vehicle.

Furnish soil and air samples to
the crew

Planeto-physical measurements.
Satellites preferably are placed
into highly elliptical orbits about
the planet in equatorial, 45°
inclined, and polar orbits.

Attempts hard or rough landing
on Mars moons Phobos and
Deimos. Is equipped to carry
out and report useful experiments
even when missing the moon.




AQK63-0001

5.4 OBJECTIVES FOR MARS CAPTURE MISSION

5.4.1 Class I Objectives

5.4.1.1 Convoy-to-Earth communication and data transmission. During transfer,
Class I objectives include data gathering and transmission on corpuscular radiation
and meteoroids. Space medical data will also be gathered and transmitted. Pictures
will be transmitted from inside and outside the space ship.

5.4.1.2 Mars mapping in maximum possible detail from low-altitude (approximately
1.3 Mars radaii) polar orbit; polar or near-polar orbit desired for maximum surface
coverage during capture period.

It is assumed that the mappers will remain connected with the crew vehicle during the
capture period, to retain maximum control over the mapper's activity, to provide
additional reliability by keeping the mapper accessible for repair or adjustments, and
to simplify the data transmission between the mapper's optical equipment and the
convoy vehicle's storage system, Prior to re-escape, the mappers will be released
to remain in orbit and continue sending information to the departing convoy (and
eventually to Earth, at reduced resolution) .

5.4.1.3 Lander surface mission.

5.4.1.4 Returner mission to surface and back.

5.4.1.5 Floater mission to various levels of the Mars atmosphere.

5.4.2 Class II Objectives. During transfer the Class II objectives include gafhering
and transmitting data on magnetic fields, soft corpuscular radiation, and interstellar
wind, as well as making incidental astronomical observations. During Mars capture

the Class II objectives are to perform the MEV Mission, Marens Mission, Phopro
Mission, and Deipro Mission.

5.4.3 Description and Requirements

5.4.3.1 Convoy - Earth Communication and Data Transmission
- 5.4.3.1.1 Earth - Mars Transfer. Generally, the sampling rate is low, Much time

is available. Relative peak bandwidth and power requirements will be conhected
with picture transmissions.

5-7
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5.4.3.1.2 Capture Period. The data influx rate to the space ship is very high. In
deciding whether data should be stored in the space ship or passed on immediately to
Earth for storage, the following must be considered:

For some mission profiles, distance between Earth and Mars varies between 0.7 and
0.9 A.U. during the capture period. For other mission profiles, the distance during
capture period varies between 0,35 and 0.7 A.U.

The optimum from the standpoints of data-handling weight and power requirement is
a judicious combination of on-board data storage and passing on of data to Earth
without more than the minimum storage required by limitations in the capacity of the
ship-to-Earth data transmission system. These two alternatives are supplemented
by a third alternative of direct data transmission from auxiliary vehicle to Earth.

The primary mission assignment of the crew is to observe and report, not to analyze
and explain. Thus, only those data should be stored for more than minimum time
which (a) are needed by the crew during the capture period as basis for local decisions
affecting the deployment of landers, returners, floaters and MEV, or (b) exceed a
reasonable capacity limit of the transmission system and therefore should be trans-
mitted following Mars escape. "

Direct transmission from auxiliary vehicle to Earth only should be provided for
Marens.

Combined transmission capability (i.e., auxiliary vehicle to Earth and auxiliary
vehicle to convoy) should be provided for Landers and Mappers in the sense that
alternation between directional transmission to Earth and directional (Mapper) /
omnidirectional (Lander) transmission for the convoy is possible. Landers do not
need a very high sampling and transmission rate; hence, they should be equipped
with a storage capability which does not need a very high capacity. The mappers
should possess a picture storage capability of up to one hour. The power require-
ments and information bit sampling rate of the mapper are determined by the high-
resolution requirements for Mapper-to-Convoy transmission. A resolution between
25 and 50 feet is desired for this transmission. From these pace-setting require-
ments, the Mapper-to-Earth capability, which in this case represents the dependent
rather than the independent variable, can be derived.

' The mappers automatically cease their activity when entering the night side of the
planet. Thus, if in the circular low-altitude polar orbit, the mapper will have a total
duty cycle of approximately 13 hours out of 24 hours. In the elliptic orbit, the duty
cycle will involve at least 75 percent of 24 hours (estimated only) . The Mapper is to
observe the Martian surface in the visible (high-resolution), ultraviolet (low resolution),
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and infrared (low resolution) spectra. As arule, the ultraviolet and infrared
information should go to Earth directly, with an override option by the convoy for
occasional information. Following its use by the crew, this information is trans-
mitted from the convoy to Earth. In the interest of obtaining the highest possible
resolution map of Mars, the information in the visible light should be directed pri-
marily to the convoy for storage and slow transmission to Earth following Mars escape.
No display requirements exist for these Mapper visible-light pictures. It is assumed
that the convoy ships themselves have a capacity for selected high and low resolution
observation which will be used as the basis for local decisions. The reason for
storing these pictures in the space ship rather than transmitting them directly from
Mapper to Earth is not use of these pictures by the crew, but to obtain highest resolu-
tion with the available Mapper power.

It is assumed that attempts will be made to land at least three landers in predetermined
areas; e.g.,

a. North or South Pole
b, Syrtis Major or Sinus Meridians (typical dark green areas)
c. Solis Lacus area (green to desert features; changing) .

One or two landers should be reserved for destinations decided upon by the crew after
initial surface observations.

In order to eliminate unnecessary data transmission, the following philosophy is
tentatively adopted:

a. Following touchdown, the lander transmits (or stores for transmission) an
initial set of measurements,

b. Subsequently, it will record and transmit only changes of the original set of data,
such as changes in wind intensity and direction, atmospheric pressure, tempera-
ture (ground and air), humidity or precipitation, light intensity, collimated light
intensity, and sounds.

c. After a few (2 to 5) days of initial monitoring by the convoy, the particular
lander can be "turned over'" to Earth, with most or all of its data transmissions,
except pictures. ’

Transmission from auxiliary vehicle to convoy only should be provided for Returners,
MEV's, Floaters, Phopro, and Deipro.
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Returners and MEV's should have sizeable storage systems and less powerful trans-
mission systems. If the returner lands intact and capability of re-ascent is not
impaired, most (say 75 percent) of the data collected will be returned in stored
form to the convoy. If return capability is impaired, the returner becomes a lander
but can transmit its information at a slow rate, since it has a better storage system
than the lander.

In order to keep the floaters light in weight, they have only limited data objectives:

a. Wind direction and magnitude (obtained by observing the motion of the floater
optically and/or by radio signals, which should be omnidirectional) .

b. Air pressure and density.

c. Air composition at buoyancy altitude.

d. Air temperature,

e. Relative humidity.

f. Sky and ground brightness and clouds.

g. Spectral absorption of sunlight (especially ultraviolet intensity) at buoyancy
altitude,

h. Corpuscular radiation intensity.

i. Altitude above ground (day and night).

Again, the technique of recording and transmitting changes from initial data should be
applied.

Phopro and Deipro are encounter probes, or, at best, impact probes. Their primary
assignment is to provide close-up pictures of the moons. Because of possible impact,
no storage device can be employed. Regular space-physical measurements are made
enroute to the moons.

5.4.3.1.3 Return transfer, Full scale transmission of all stored data in the convoy
begins following Mars escape. Most of the return-transfer time period is available
for data transmission. Fundamentally, transmission is desired as quickly as possible
but within the limits of the transmission capacity available. This capacity is deter-
mined by capture period requirements (or less, so that the vehicle weight can be
reduced, if possible, prior to the Mars escape maneuver) .

I

Earth is never more than 0.9 A.U, away. Available return transfer periods range
from 170 to 270 days.

5-10
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5.4.4 Capability Versus Capture Period Matrix, Table 5-3 shows a capability
versus capture-period matrix, ranging from zero days (fly-by) to 50 days.

The whole spectrum of auxiliary vehicles can be deployed safely at capture periods of
20 days or more and probably, although marginally, at capture periods down to 10
days. Thus, below 10 days, certain tasks cannot be accomplished at all. Those
which can be accomplished can be done increasingly better with increasing time. As
the capture period becomes very long, the gain with time is expected to decrease.
Time would then be better utilized by a larger share of manned surface excursion
activities,

5.5 OBJECTIVES FOR VENUS CAPTURE MISSION.

5.5.1 Class I Objectives

5.5.1.1 Convoy-to-Earth communication and data transmission. During transfer,
Class I objectives are the same as given in 5.4,1.1,

5.5.1.2 Venus surface mapping in maximum possible detail by means of radar
from the highest orbital altitude consistent with available electric power.

5.5.1.3 Lander mission to the Venus surface.
5.5.1.4 Floater mission to various levels of the Venus atmosphere.
5.5.2 (Class II Objectives. During transfer, Class II objectives are the same as

given in 5.4.2. During capture the Class II objective is performance of the Venens
mission,

5.5.3 Description and Requirements

5.5.3.1 Convoy-Earth communication and data transmission

5.5,3.1.1 Earth-Venus transfer. Same as given in 5.4.3.1.1.

5.5.3.1.2 Capture period, Similar to 5.4.3.1.2. Distance between Earth and
Venus during the capture period varies within limits similar to those for Mars.

~ Inasmuch as radar is employed for surface mapping, the mappers continue operating

over the planet's night side,

Unless more is known about the Venus surface by the time the first manned expcdition
arrives, no specific target areas can be designated for Landers.

5-11
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5.5.3.1.3 Return transfer. Similar to 5.4.3.1.3. Return transfer times generally
tend to belonger than for Mars, namely, 220 to 280 days.

5.5.4 Capability Versus Capture Period Matrix. Because so very little is known
firmly about the atmospheric and surface conditions of Venus, prime emphasis will

be directed toward the determination of atmospheric pressure, temperature, and
surface winds, as well as toward the observation of surface features. Assuming
synchronous rotation of Venus, strong surface winds should, according to calculations
(Ref. 5-1), occur only if the atmospheric surface pressure is small, If, on the other .
hand, the air temperature at the surface is high and the pressure of the order of

50 atmospheres, the observed variation of the atmospheric temperature with the

phase of Venus can be accounted for by low wind velocities (< 0.5 mph) across the
terminator. These temperature variations between daylight and night side seem to
amount to only 80 K° to 150 K° according to radar measurements of the change in
brightness temperature between superior and inferior conjunctions (Ref. 5-2 and 5-3).
The dark side must, therefore, be heated primarily by atmospheric convection.
However, according to Ref. 5-1, the violence of this convective process depends
primarily on atmospheric pressure and temperature.

The observation of surface features should show the existence of mountain ranges;

i.e,, the magnitude, location and orientation of fold belts in general which will offer

an insight into the planet's thermal history and present as well as past plutonic activity.
Radar measurements made by the Jet Propulsion Laboratory (Ref. 5-4) indicate that
the surface roughness of Venus is comparable to that of the Moon, which renders
unlikely the existence of large bodies of water or of molten material on the surface.

Verification of some of the basic assumptions regarding the surface, and information
on atmospheric surface pressures, temperatures, and wind magnitudes should be
provided by instrumented probes in advance of the first manned flight., This will
provide a firmer foundation for the design and operation of Landers and Floaters to
be carried along by the Convoy.

Table 5-4 shows a capability versus capture-period matrix, ranging from 0 days (fly-
by) to 20 days. It is of importance to note that, aside from the Mapper activities,

less gain appears desirable from an extension of the capture period than in the case

of Mars. If the Venusian atmospheric pressures are comparatively low (1-10 atm),
and if the rotation is synchronous, the resulting severe storms will cause the opera-
tional life of Floaters and Landers to be far shorter than on Mars. A dust-filled
atmosphere will further aggravate matters from an engineering point of view. Whether
the atmosphere is thin and stormy or thick and sluggish, the conditions are, in either
case, very unfavorable for the re-ascent of Returners.

5-13
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Table 5-4., Capability Versus Capture Period During Venus Mission

TASK OR OBJECTIVE
Capture Convoy to

Period Earth Mapper Lander Floater Venus
(d) Communication
0 X X X X
(fly-by)
1 X X X X X
5 X X X X X
10 X X X X X
20 X X X X X
Communication Improving Increasing Increasing Unaffected
capacity does surface capacity capture period by length of
not change much coverage attainable  has little capture period.
with increasing with time. with time. effect on
capture period. capacity of
probe; only
on duration of
observation
leading to
improved
determination
of wind pat-
terns. Float-
ers may be
destroyed

much faster
than on Mars.

The principal incentive for an extended capture period during a Venus mission
appears, on the basis of present knowledge, to be the radar mapping of all parts
of the planet.

5.5.5 Specific Tasks. A break-down of typical specific mission tasks for a mission
to Mars or Venus, their relative priorities, and associated vehicle assignments has
been worked out and is presented in Table 5-5.

5-14



Table 5-5. Specific Mission Objectives, Relative Priority

and Associated Vehicle Assignments

AQOK63-000:

OBJECTIVE OR SUBJECT

PRIORITY CLASS
CREW VEHICLE

MEY
2

MAPPER

FLOATER
LANDER

RETURNER

MARENS/VENENS

PHOPRO
DEYFRO

1. Astronautic Mission Objectives:

1.1 Carrying men into target planet capture orbit

1.2 Orbital reconnaissance of target planet

1.3 Convoy-to-Earth communication and data
transmission

-
.

.4 Floating and landing of instrumented probes-
5 Landing and return of instrumented probes

(Mars)

1.
1.
1.

@ ~ ;M

Scientific

Manned excursion to surface (Mars)
Exploration of Mars Moons
Return to Earth

Mission Objectives:

2.1 Planetography

2.1.1

2,
2,
2,
2,

[ S G
Db WD

Visual mapping (high-resolution (Mars))
Infrared (IR) mapping (Mars)

Radar mapping (Venus)

Altimetry

Planetary mass, shape, dimensions

2.2 Planetology (Surface)

2,2.1
2.2.2
2,2.3
2.2,4
2.2.5
2,2.6
2.2.7

Landscape photography (Mars) (Venus ?)
Surface and soil investigation
Seismographic measurements

Sound measurements

Corpuscular radiation

Magnetic field

Thermal surface radiation

2.3 Climatology/Meteorology

2.3.1
. 2.3.2
2.3.3
2.3.4

Atmospheric composition
Wind measurements
Temperature (air/ground)
Pressure and density

—_ DD ke N e e e [ S R STy DN DD b [ b

P b b

* X K ¥ ¥

FOR K X K E

* ¥ X

* ¥ ¥ *

LK BN S A S R

* X * *

* ¥ X X X K ¥

* ¥ ¥ *
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Table 5-5.

Specific Mission Objectives, Relative Priority

and Associated Vehicle Assignments, Cont

2]
7 Z
7))
<43 2
=l O Z
O = K
T >
e B= q S| N
H > M ezl 2o @)
= Hya x E z|
OBJECTIVE OR SUBJECT = B Q &l & O =
ol ml Blea § Al <l | & T @
A Ol = O & | Q| 2] = |
2.3.5 Sky brightness (day/night) 2 * o B
2.3.6 Surface brightness and colors 2| *| * b B
2,3.7 Solar constant 1 * * *
2,3.8 Sunlight intensity (overall and spectral
distribution) 1 * o K *
2.3.9 Relative humidity : 1 o K *x
2.3.10 Sky photos 2 * *
2,4 Planeto-Biology (possibly Mars only)
2.4.1 Organic soil analysis 1 * o x
2.4.2 Biochemical soil analysis 1 * H o*
2.4.3 Soil microscopy 1 * | *
2.4.4 Ultraviolet (UV) mapping 1] * X
2.4.5 UV surface examination 1 * * *
2,4.6 Culture studies 1 * A %
2.4.7 Planetary biological contamination
studies 1 * * *
2.4.8 Chemistry of planetary organisms 1 * H *
2.4.9 Sound/noise studies 2 * I Y
2.4.10 Search for moving objects 2 *
2.4, 11 Search for plant life 1 * s
2.5 Planetary Environment
2.5.1 Corpuscular radiation 1 * *| *|
2.5.2 Meteorites 1 * * * *x] *x
2.5.3 Magnetic field 2 *| *| *
2.5.4 Outer atmosphere characteristics 21(%) |(*] *| x| %
2.6 Mars Moons
2.6.1 Size, shape, surface features 1} * *| *x
2,6.2 Thermal radiation 9] * x| %
2.6.3 Search for unknown moons (Venus, Mars)| 1| * *| *
2.6.4 Albedo 2| * *| *
2,6.5 Search for colors 9| * *| %
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SECTION 6
MISSION ANALYSIS

6.1 INTRODUCTION, The analysis of planetary round-trip missions can be divided
into two major categories: heliocentric transfer and planetocentric orbits. For
precision navigation, these two regions must be combined by including perturbation
calculations. For performance analysis and for a preliminary guidance and navigational
analysis, the two areas can remain separated (Figure 6-1) .

6.2 HELIOCENTRIC TRANSFER ANALYSIS. Considering heliocentric space as a
central force field (i.e., no perturbations), a transfer ellipse between two planets is
determined as to orientation and size in its orbit plane if the three elements, longi-
tude of perihelion (w), eccentricity (e), and semi-latus rectum (p) are known. There-
fore, three equations are required, relating these elements to other, known para-
meters. The theories of orbit determination indicate that radii vectores from the
focus (Sun) to specified positions in the ellipse are the natural choice for use as known
parameters, if they are given with respect to magnitude and direction. Their corre-
lation with the forementioned elements yields equations of the form

-i—=1+ecos(u—w) (6-1)
where p = w + 1, the argument of the latitude, and 7 is the true anomaly, Accord-
ingly, three pairs of known values of ¢ and r would be required in order to formulate
the required three equations for the determination of p, e, and w. If one of these
three elements were known, only two pairs of 4, r would be required for determination
of the ellipse. These two pairs, therefore, would also enable one to compute the time
required by the radius vector to move from one given position to the other (transfer
time). From this follows, conversely, that from two known radii vectores fl (rysmq)
and fz (ro, 1 2) and the intermediate time interval, it is possible to determine the one
element assumed above to be known, and thereafter the two other elements, hence

the transfer orbit,

The semi-latus rectum (p) is the element which usually is determined first, Then e
and w are found from p, ¥; and f3. A particularly interesting method of determining
p, devised by Lambert (Ref. 6-1), uses the ratio of the sector between Fy and fz to
the associated triangle formed by the focus and the two end points of ¥ 1 and Fg. This
method has later been expanded by Gauss (Ref. 6-2), Encke and Hansen, Using
Lambert's ratio and the method of Gauss, the elements of the transfer orbit can be
determined between the two planets involved and for a given transfer, as has been
done in Ref, 6-3 and in Ref. 6-4 where the application of the Gauss method to elliptic
and hyperbolic transfer orbits is described.
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The analysis, which can be divided into seven principal steps, is summarized in the
computatiori flow chart (Table 6-1), which refers to transfer from Earth (Maneuver 1)
to a target planet (Maneuver 2), The return transfer (Maneuvers 3 and 4) are treated
analogously. Only three initial information items are required: target planet (hence,
its orbital elements) , departure date, D;, and transfer period, t;,. From these a set
of 11 additional data inputs is derived by use of the ephemeris of Earth and target
planet and by analysis. With this initial information, a set of four parameters, which
assure compliance of the transfer orbit with all established boundary conditions, is
determined. From these follow the elements and other characteristic data of the
transfer orbit and, finally, its dynamic characteristics leading to the hyperbolic
velocity excess values which are a key parameter in ‘the computation of the velocity
requirements for the respective escape or capture maneuver,

Table 6-1. Computation Flow For Computation of Transfer Orbit Between
' Earth (@) and Target Planet (pl), Taken as Transfer Orbit
Connecting to Points in the Heliocentric Control Force Field

1. Initial information

DI: departure date Target planet, D 1 t

ty = transfer period ¢

2. Derivative initial
information

U = planet orbital velocity Un: R, 84 =f(Dy);U , R
8 = path angle relative to & e . - bl
nermal to radius vector

R = heliocentric distance ll, b1 = f(Dl) ; 12. b2 =f (D1 + tt)
1,b = longitude, latitude ‘
(heliocentric ecliptic

2 O~ (D, +t)

’ system) cos nt = sinb1 sinb2+c‘os b1 cosb2 cos (22 -2)
n, = central transfer angle ‘ !
@ = Earth

pi = target planet
1 = departure (initial)
2 3 arrival (terminal)
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3. Determination of
first and second
parameters; m, j

Ke = gravitational para-
meter of Sun

4. Iterative determination
of third parameter: g

5. Determination of fourth

par ameter: y

6. Determination of transfer

Table 6-1. (Cont)

VK t
e t

[2 cos f‘/Rl Rz‘:l

1 o
= <=1 <180
m 3/2 (0<% )

R.+R
1 2 1 1 o
j = -— 0<—mn < 180
) 4cosf/R1R2' 2 ( 2nt )
1
(f—gflt)

|

N 1 3 f2g-8in2
m=/j+sin2-1-g +,/(j+sin2—g) 8-8n%
2 2 sin3g

orbit elements

= semi-latus rectum

= semi-major axis

true anomaly
eccentric anomaly

= mean anomaly

mean angular motion
longitude of perihelion
inclination relative to
ecliptic

inclination relative to
target planet orbit

1 = departure (initial)

2 = arrival (terminal)

1l

TR L

LT ERT 2 mS T

[ 2
i

6-4

2(j + sinzé-g) cos ffl?ﬁ;

. 2
sin g

a=

2
e =1-p/a

P/R1 -1
cosny T e —




7. Determination of

dynamic characteristics

f sfer orbit

V = heliocentric velocity
8 = path angle relative to
normal to radius vector
B = intersection of planar
angle with planet orbit
B = three-dimensional
intersection angle
ves = hyperbolic excess
velocity (velocity of
space ship relative to
planetary activity sphere

AOK63-0001

Table 6-1. (Cont)
Mg=My*m,
-1 e-1 1
Ev—2tan [;L—l-taninl'z] (V—le)
MV=E1'2-esmE1’2 (v=1,2)
=KD =, - M)
CWEM MmN
~.8in by
sini_ =
1 sian
i -
sini_ = .
o sin n
t
K R
2 e v
v
R
-1 P e
Gv—tan <R—V- m sinnV) (v=12)
_ _ (v=1, x=@)
B, = Iev ex‘ (v=2, x=pl

Bv = COS BV cos lu (v=1,2)

1
-U2+V2—ZUVcosB(
X v X v

=1, x=@
ryu=2, x= pl
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6.3 INTERPLANETARY MISSION MAPS. The data resulting from a large number of

transfer orbit calculations can be arranged in different ways, e.g., as v, V, B, etc.,

as functions of time for constant transfer periods (Ref. 6-4). In Ref. 6-3 the computer
results were presented in the form of lines of constant v, in the departure date/arrival
date plane. In Ref. 6-5 these charts have been developed through 1975. A modification
of this contour chart was developed in Ref. 6-6.

A different mission map was constructed to serve the particular information require-
ments of interplanetary round-trip mission and system information. The principle

is illustrated in Figure 6-2. The abscissa shows Earth departure and arrival dates;
the ordinate shows target planet arrival and departure dates. The latter are offset
with respect to the dates on the abscissa by the minimum transfer orbit (Earth to target
planet) considered. The two date scales are matched along the equal date line. On

the left side of the equal date line is a set of parallel lines, representing lines of
constant transfer time from Earth to target planet; on the right side are lines of
constant return transfer times. At the dots (Figures 6-3 through 6-11) , which repre-
sent individual transfer orbits, can be shown the various parameters of interest, Thus,
one chart shows the hyperbolic excess velocities, v¥ 1 and v og at the points left of

the equal-date-line and the values v’ ©3 /vw 4 at points to the right of this line. Another
chart may show associated perihelion distances; a third, inclination angles, and so
forth. Shown in Figures 6-3 t.hrough 6-11 are regions of different hyperbolic excess
velocities for Earth departure (v} 1) , target planet arrival (vwz), target planet de-
parture (vm 3), and Earth arrival (v¢4) for four Venus constellations and three Mars
constellations in the seventies, In some of the charts are shown lines of constant peri-
helion distance of the heliocentric transfer orbits. These "iso-perihelion lines are

a bit difficult to see on the right hand side of the Venus maps, because they run in the
same general direction as the vX lines. The letters "NPT" stand for "no perihelion
transit"; i.e., the space ships do not pass through the perihelion of the heliocentric
transfer orbits in the respective region.

The map is divided into two areas: the left refers to the Earth-target planet transfer,
the right refers to the return flight. Each area is characterized by a two-digit number.
The first of these refers always to the target planet, the second to Earth. A given
individual number designates the second digit of the hyperbolic excess velocity given in
terms of the Earth mean orbital speed (EMOS) ; e.g., 1 means the hyperbolic excess
velocity lies between 0.1 and 0.199 (i.e., roughly 3 < v, < 6 km/sec or 10,000 < v,

< 20,000 ft/sec) and so forth. The number 21 on the left side of the map means that

in this region the Earth—depa.rture hyperbolic excess is in the region 0.1 = v ] = 0.199
(the asterisk on v indicates EMOS as unit) and the hyperbolic excess at target planet
arrival 1s 0.2 v s 0.299, The number 12 on the left hand side of the map means
0.2~ v w1 = 0. 299 and 0.1sv* wg < 0. 199 analogously, the number 32 on the right
side means 0.3 < vw3 £0.399, 0.2 < v¢,4 < 0.299; and so forth. The symbols T; and
Ty designate the transfer period in the outgoing and return orbit, respectively.
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Although comparatively coarse, these maps provide the basis for a first-order defini-
tion of suitable mission windows (i.e., combinations of Earth departure window,
capture period and target planet departure window, as well as the associated transfer
periods, which, together with the capture period, yield the overall mission period) .
Within the range of selected windows, refined mission maps can be, and presently are
being, constructed.

The most important transfer orbit parameters for round trips to Venus and to Mars
are presented in mission map arrangement for the period 1972 to 1982 in References
6-7 and 6-8. ’

Figures 6-12 and 6-13 show iso-perihelion lines and a number of transfer orbits
whose plane is inclined 25 degrees or more with respect to the ecliptic. These
transfer orbits are particularly expensive and should either be avoided or flown with
an intermediate plane change in heliocentric space. In this case, three major maneu-
vers are required for the transfer (cf. Paragraph 6. 4).

Figure 6-14 shows the positions of Venus and Mars during probable capture period in
the years indicated. Comparison with the mission maps shows the influence of these
positions, relative to the planet's nodal line, on the hyperbolic excess velocities
involved. Conditions are in general more favorable when the target planet is in the
vicinity of one of its nodes. Whenever the position of Venus is far off the nodal line,
as in 1972 and 1974, low hyperbolic excess velocities during the return flight are
associated with longer transfer times (long transfer orbits, ne > 180°) to avoid more
highly inclined transfer orbits (Figure 6-15).

In the case of Mars, long transfer orbits n > 180°) are more difficult to accept,
because of the associated very long transfer periods. Therefore, the position of
Mars relative to the nodal line, during the capture period, has a far stronger influ-
ence on the hyperbolic excess than does the position of Venus. In addition, the
higher eccentricity of the Mars orbit augments this effect, because the apsidal line
(PA) happens to be almost at a right angle to the nodal line. Around the aphelion,
the Martian angular velocity is particularly low, therefore prolonging the duration
of the unfavorable position of Mars. The fact that the mission conditions are consid-
erably less favorable in 1977 than in 1975 or 1973 is clearly reflected in the mission
map, Figure 6-20. The 1975 mission conditions are slightly less favorable than
those existing in 1973.

For the 1973 and 1975 constellations which are of primary interest in this study, the

orbital positions of Venus and Mars as function of the dates are shown in.Figures
6-16 through 6-19.
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Figure 6-14. Positions of Venus and Mars During
Likely Capture Periods, 1972/1978
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11-29-73 TO H-2%-T4
mal-70 TO 1-2%-74

Figure 6-16. Orbital Positions of Earth and Venus During Indicated Periods

o—0 A o—o

3973 TO 9-5-75 ' 4-1-75 TO 12-28-75

Figure 6-17. Orbital Positions of Earth and Venus During Indicated Periods
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Figure 6-18. Orbital Positions of Earth and Mars During Indicated Periods
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Figure 6-19. Orbital Positions of Earth and Mars During Indicated Periods
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6.4 MISSION WINDOW SELECTION, Although the hyperbolic excess velocity is an
indicator of the mission energy requirement (subject to modifications determined by
the distance and eccentricity of the capture orbit and by the thrust accelerations in-
volved, cf. below), mission energy is but one of the criteria for mission window
selection. A summary of these criteria is listed in Table 6-2,

Table 6-2. Criteria for Mission Window Selection

1. Flight Dynamic Criteria

1.1 Mission energy
Energy distribution over the principal maneuvers
Perihelion distances (outgoing and return)
Variation of energy requirement with time, 3 E/3 (Date) ,
especially for the return flight.

10
1.
1

W N

2, Mission and Systems Criteria
2.1 Mission period
2.2 Capture period
2.3 Number of principal maneuvers during mission
2.4 Specific impulse available at each particular principal maneuver
2.5 Capture orbit shape

Criterion 1,2 recognizes the fact that, due to the interaction of performance and
design criteria, the same total mission velocity may lead to greatly different departure
weights for a vehicle of given designs and engines, dependent upon how the velocity
changes are distributed over the individual principal maneuvers.

Criterion 1.3 takes into account the effect which the closest proximity to the Sun has
on vehicle design, on possible hydrogen evaporation losses, and on the radiation
shield requirements for the crew, Since both Venus and Mars are considered target
planets, and since the Venus mission windows selected did not require perihelion
distances closer than about 0.7 A, U., this value was tentatively chosen as the limit-
ing perihelion distance for Mars mission, also, at the same time attempting to keep
Mars mission perihelions above this value, wherever possible. A more detailed
analysis of the limiting perihelion distance is planned. Restricting the minimum
perihelion distance for Mars missions to 0.8 A,U., or higher values, imposes
considerable constraints on the 1975/1976 and 1977/1978 mission windows in terms
of mission energy levels and capture periods comparable to those for 1973/1974,

Variation of energy requirements with time refers to the fact that overall minimum
energy or the energy level of a particular transfer (two maneuvers), or of a parti-
cular individual maneuver, may vary greatly with the departure date. This imposes
certain restrictions on the Earth departure window, but it can have far more critical
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consequences for the target planet departure window. Here, the crew is committed
and must return or face either a very dangerous (close perihelion) return flight
path or a very long "hold-over" period in which the expedition is "frozen' in the
target planet's activity sphere until a new departure window arrives which permits
them to return. The capture period must therefore be located in such a region of
the mission map that involuntary delay in departure does not jeopardize the chances
for return. In other words, the probability of success of the mission is enhanced if
a limited target planet departure window tolerance (10-20 days) is built into the
mission profile.

Mission period and capture period are obviously mission-oriented criteria, Generally,
mission periods to Venus are shorter than those to Mars, with lower mission energy
requirements. Most of the Mars missions with periods of 380-560 days involve Tve

of 1.0 to 1. 18 for 20-60 day capture periods (circular capture orbit). Venus mission
periods lie between 200 and 300 days for energy levels comparable to those required
for Mars, or involve Z}v;"° of 0,7-0. 85 for periods of 360-420 days (Figure 6-20). For
comparison, the conditions for extended Mars landing missions are also shown,

The number of principal maneuvers during the mission may vary between four and six,
depending upon whether a major orbit change enroute is required to avoid excessive
heliocentric inclination of the outgoing or return transfer orbit. Transfer orbits

are highly inclined when the nodal line of the transfer orbit forms an angle in the
vicinity of 90 degrees with the nodal line of the target planet's orbit, relative to the
ecliptic plane of Earth. The location of high-inclination transfer orbits (taken as

i = 25°) is shown in Figures 6-12 and 6-13 for Mars missions in 1973 and 1975. In

a few areas where these high-inclination regions interfere with otherwise desirable
departure windows, an incentive is provided for considering a three-maneuver trans-
fer. Operationally, a plane change en route does not add much complexity, if a
chemical or a nuclear space ship with adequate engine life is used. However, if an
extra stage is needed the mission complexity is increased, perhaps significantly. An
analysis of the optimization of the location of the intermediate maneuver during a
three-maneuver transfer has recently been presented (Ref. 6-9). It is noted that

the opportunities for two-maneuver transfers (i.e., unchanged heliocentric transfer
orbit, except for navigational corrections) are frequent enough so that the three-
maneuver transfers could be temporarily disregarded without causing a significant
constraint.

The final two criteria mentioned in Table 6-2 are self-evident. Capturing in planeto-
centric orbits or increasing eccentricity leads to decreasing capture- (hence, mission-)
energy requirements and either reduces the vehicle weight or the mission period, or
increases the payload or capture period. Increasing the eccentricity of the capture
orbit is one of the most effective means of reducing the energy requirement of a
capture mission. In order to retain some energy reserves, a circular capture orbit
was assumed as the standard case. The effect of increasing the eccentricity is shown
below.
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6.5 SPECIFIC MISSION WINDOWS, With these criteria in mind, a number of
mission windows have been defined for the 1973/1974 mission to Venus and the 1973/
1974 and 1975/1976 missions to Mars., They are listed in Tables 6-3 through 6-7,
For discussion of the maneuvers listed in the tables, see Section 7. Detailed charts
of v: and, where relevant, of perihelion distance Rp, are presented versus dates
and transfer periods in Figures 6-21 through 6-30 for the selected mission windows.

In Figures 6-31 through 6-41 are presented plots of the transfer orbits for the 1973
mission windows to Venus and Mars and for the 1975 window to Mars. The flight
paths shown represent the first and the last date of Earth and target planet departure
windows listed in Tables 6-3 through 6-6. Although the return transfer periods from
Venus are long, they at least do not lead closer to the Sun, but rather beyond the
Earth orbit, so that the departing space ships, following Venus departure, quickly
gain heliocentric distance. Unfortunately, as shown in Figure 6-31, Mars is not in
the "vicinity' when the returning Venus convoy passes through its aphelion.

The terminal departure from Mars is the same (12-24-73) for mission windows 73-2
and 73-3 and leads through a perihelion of approximately 0.7, which was the reason
for making this the terminal date. Again, unfortunately, Vg nus is not close by when
the returning Mars convoy passes through its perihelion (Station 11).

The specification of particular flight profiles during the mission window has been
based on the following considerations:

a. During the Earth departure window, the transfer time (Tl) is varied such that
the arrival date at the target planet remains unchanged. Therefore, if a delay
occurs in departure from Earth, it i8 not necessary to change the propellant
load for the return flight. Only the tankage for Earth escape and target planet
capture may have to be changed. For this reason, the detail charts (Figures
6-28, 6-30 through 6-32 and 6-36, showing Earth to target planet transfer condi-
tions) are all laid out for one or several discrete arrival dates which remain
constant as the departure date changes.

b. Having assured a fixed target-planet-arrival date, a maximum capture period
is tentatively specified, Inside this maximum capture period lies an effective
capture period (usually 10-20 days shorter) during which all planned operations,
observations, and research are completed if everything goes according to
schedule. The end of the effective capture period thus represents the earliest
planned departure date from the target planet. The difference between this date
and the end of the maximum capture period represents the target planet departure
window, that is, a time reserve to absorb delays without critical effect. There-
fore space ship performance is specified for the maximum capture period, the
end of which constitutes the latest departure date. If this date is exceeded,
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Table 6-3. Earth-Venus Mission Window 1973-1

Earth Dep. Window 10-25-73 through 11-16-73

Arr. Venus 2-17-74

Transfer Periods 1152 T;>93d ‘

Venus Dep. Window 2-17-74 through 3-25-74
Transfer Periods 244s Tp< 280 d

Maximum Capture Period, Tcpt 36 d

Mission Periods 115 + 36 + 280 = 431 (Maximum)

93 + 36 + 280 = 409 (Min. for Max. Tcpt)
115 (93) + 30 + 269 = 441 (392) d
115 (93) + 20 + 259 = 394 (372) d

115(93) + 10 + 244 = 369 {347) d
Perihelion Distances: Outgoing T.O. : No perihelion transits
Return T. O. : RP> 0.7

Maneuver M-1 M-2 M-3 M-4
v* 0.13 0.2l 0.18 0.29
€ -1.0 -1.0 -1.0 -0.04
Orbit Distance 1.05r, 20 r . 20 r,, yp = 60 km
F/W 0.3 0.8 0.8 3.0
Engine Nuclear Nuclear Nuclear 0,/H;
I 846 846 820 455
sp
A v (km/sec) 3.85 4.7 3.78 3.25

(ft/sec) 12,600 15, 400 12, 400 10, 660
" 1.59 1.76 1.6 2.02

1.005 1.02 1.025 1.03
Hy
2

£ corr 1.071
K pl 1.21
u 1.597 1.795 1.984 2.44
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Earth-Mars Mission Window 1973-1
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Earth Dep. Window
Arr. Mars
Transfer Periods
Mars Dep. Window
Transfer Periods

Maximum Capture Period, T

Mission Periods

2-17-73 through 3-7-73
9-25-73

220>2T) = 202 d

9-25-73 through 11-3-73
170< T, <210d

39d

220+ 39 + 210
202 + 39 + 210
220 (202) + 30 + 203

pt

469 d (Maximum)
451 d (Min. for Max. Tcpt)
453 (435) d

220 (202) + 20 + 196 = 436 (418) d
220 (202) + 10 + 191 = 421 (403)d
Perihelion Distances: Outgoing T. O. 0.82< Rp<0.85
Return T. O. : 0.92 Rp=z 0.835
Maneuver M-1 M-2 M-3 M-4
v 0. 20 0.29 0. 29 0.29
€ -1.0 -1.0 -1.0 -0.04
Orbit Distance 1.05 rgq, 3 roo, 1.3 rg,, yp 7 60 km
F/W 0.3 0.3 0.4 0.3
Engine Nuclear Nuclear Nuclear 02/H;
I 846 846 820 455
sp
A v (km/sec) 4.78 7.06 6.70 3.25
(ft/sec) 15,710 23,160 22, 000 10, 660
u 1.78 2.34 2.3 2. 07
H, 1.005 1.01 1.015 1.02
2
1.071
H corr
b oo 1.21
p' 1.79 2. 361 2.825 2.424
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Table 6-5.

Earth-Mars Mission Window 1973-2

Earth Dep. Window
Arr.
Transfer Periods

Mars

Mars Dep. Window
Transfer Periods
Maximum Capture Period, T

Mission Periods

cpt

5-18-73 through 6-17-73

11-4-73

170 T; =2 150d
11-4-73 through 12-24-73

205
50d

170 + 50 + 223
150 + 50 + 223
170 (150) + 40 + 222

Tzs 223

433 d (Maximum)
413 d (Min. for Max. T

cpt)
432 (412) d

0w & w

170 (150) + 30 + 219 = 419 (389)d

170 (150) + 20 + 216 = 406 (386) d

170 (150) + 10 + 211 = 391 (371) d
Perihelion Distances: Outgoing T. Q. 0.9<Rp< 1.0

Return T. O. 0.7<Rp =0. 81. Specifically:
Depd’ 12-24 12-14 12-4 11-24 11-14
RP (A.U.) 0.7 0.74 0.762 0.79 0. 81
Maneuver M-1 M-2 M-3 M-4
v 0.24 0.24 0.3 0.4
¢ -1.0 -1.0 -1.0 -0. 04
Orbit Distance 1.05r 1.3r 1.3r Yo = 60 km
ca, Qo, 00, P
F/wW 0.3 0.3 0.4 3.0
Engine Nuclear Nuclear Nuclear QZ/HZ
Lp 846 846 846 455
A Vv (km/sec) 5.54 5.75 7.01 5,68
(ft/sec) 18,150 18,850 24, 000 18, 630

u < 1.95 2.0 2.32 3, §7
My 1.005 1.01 1.015 1,02
K corr 1,072
# pl 1.21
u’ 1.96 - 2.02 2.85 4.181
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Earth Dep. Window
Arr. Mars
Transfer Periods
Mars Dep. Window

Transfer Periods

Maximum Capture Period, Tc

Mission Periods:

Perihelion Distances:

Maneuver

%
[64]

v

€

Orbit Distance

F/W

Engine

ISp

A v (km/sec)
(ft/sec)

corr

pl

6-6-73 through 7-6-73

12-3-73

180= le 150 d

12-3-73 through 12-24-73

218 < T2s223 d

21 d

180 + 21 + 223
150 + 21 + 223

Outgoing T. O.

Return T. O.
M-1 M-2
0.20 0.20
-1.0 -1.0
1.05 oo, 1.3 Yoo,
0.3 0.3
Nuclear Nuclear
846 846
4.78 4.68
15,170 15, 350
1.78 1.7
1.005 1.01
. 1.079 1.717

0.9< RP
Like 1973-2

M-3

0. 30

-1.0

1.3r

oo,

As 1973-2

<1.0

424 d (Maximum)
394 d (Min. for Max. T
180 (150) + 10 + 211.5 = 401.5(371.5) d

cpt)

M-4
0.40
-0.04

Yp * 60 km

As 1973-2
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Table 6-7. Earth-Mars Mission Window 197571

Earth Dep. Window 3-9-75 through 3-29-75

Arr. Mars 11-4-75

Transfer_ Periods 2402T) 2 220d

Mars Dep. Window 12-4-75 through 12-24-75
Transfer Period 260 d

Maximum Capture Period, Tcpt 50d

Mission Periods: 240 + 50 + 260 550 d (Maximum)

220 + 50 + 260
240 (220) + 30 + 260

530 d (Min. at Max. T p¢)
530 (510) d

"

240 (220) + 10 + 260 = 510 (490) d
Perihelion Distances: Outgoing T. O. : 0.71s Rp<0.82
Return T. O. : 0.795s Rp<0.71
Maneuver M-1 M-2 M-3 M-4
v 0. 3705 0.1774 0. 2082 0. 3842
€ -1.0 -1.0 -1.0 -0.04
Orbit Distance 1.05 Too, 1.3 Too, 1.3 T oo, Yp = 60 km
F/W 0.3 0.3 0.4 3.0
Engine Nuclear Nuclear Nuclear 0,/H,
1 846 846 820 455
sp
A Vv (km/sec) 8.44 4. 06 4.55 5.24
(ft/sec) 27,700 13, 310 14,950 17, 200
" 2.76 1.63 1.76 3.23
My 1.005 1.01 1.015 1.02
2
' corr 1.071
7 pl 1.21
b’ 2.774 1. 646 2.162 3.778
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Figure 6-25. Earth Departure Window, June/July 1973
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Figure 6-29. Earth-Mars Departure Window March/May 1975
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PLANET CALENDAR FLIGHT TIME
POSITION DATE EVENT (DAYS)

1 10~25-73 Earth Departure 115

2 11-16-73 Earth Departure 93

3 2=17=T74 Venus Arrival

4 2=27-74 Venus Departure 244

5 3=-9-74 Venus Departure 259

6 3=25~T74 Venus Departure 280

7 10=29=74 Earth Arrival

8 11-23-74 Earth Arrival

9 12=29-74 Earth Arrival

Figure 6-31. Transfer Orbit Earth-Venus Mission Window 1973-1
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PLANET CALENDAR FLIGHT TIME
POSITION DATE EVENT (DAYS)

1 2-17-73 Earth Departure 220

2 3~-7=73 Earth Departure 202

3 9=-25=73 Mars Arrival

4 10-5=73 Mars Departure 191

5 11-3-73 Mars Departure 210

6 4=14=74 Earth Arrival

7 6=1-74 Earth Arrival

8 4-18=73 Perihelion of Earth

Departure Flight Path
9 4=26=73 Perihelion of Earth

Departure Flight Path

Figure 6-32, Transfer Orbit Earth-Mars Mission Window 1973-1
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PLANET CALENDAR FLIGHT TIME
POSITION DATE EVENT (DAYS)
WINDOW 2 -

1 5-18-73 Earth Departure 170
3 6-17-73 Earth Departure 150
5 11-4-73 Mars Arrival
6 11-14-73 Mars Departure 211
8 12-24-73 Mars Departure 223
9 6~13-74 Earth Arrival
10 8-4-74 Earth Arrival
WINDOW 3
2 6-6-73 Earth Departure 180
4 7-6-73 Earth Departure 150
7 12-3-73 Mars Arrival
8 12-24-73 Mars Departure 223
10 8-4-74 Earth Arrival
11 6-2-74 Perihelion of Mars

Departure Flight Path
Figure 6-33. Transfer Orbit Earth-Mars Mission Window 1973-2 and 1973-3
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1
PLANET CALENDAR FLIGHT TIME
POSITION DATE EVENT (DAYS)
1 3-9-75 Earth Departure 240
2 3-29-75 Earth Departure 220
3 11-4-75 Mars Arrival
4 12-4-75 Mars Departure 260
5 12-24-75 Mars Departure 260
6 9-20-76 Earth Arrival
7 10-10-76 Earth Arrival

Figure 6-34. Transfer Orbit Earth-Mars Mission Window
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emergency weight reductions or other emergency measures are required (e.g.,

reducing the number of returning ships) to provide the necessary performance
capability.

c. For the return flight, the energy requirement, flight time and (possibly) minimum
perihelion distance are more significant parameters than the Earth arrival date.
Figures 6-29, 6-33 through 6-35 and 6-37 show, therefore, the return flight time,
T2, as a parameter,

6.6 EARTH DEPARTURE. Earth departure takes place by a high-thrust (> 0.2g)
launch from a rendezvous orbit, assumed to be very nearly circular, at 325 km alti-
tude. In line with the ground rule described in Section 6.1, the Earth escape path is
taken as a hyperbola to a distance equal to the Earth's activity sphere, r ., =

144.9 roo,Q =920, 000 km = 498,765 n. mi. At that distance the hyperbolic path

is very nearly merged with its asymptote and the relative velocity of the space ship
with respect to Earth becomes very nearly invariant with time; i.e., it very nearly
is equal to the hyperbolic excess velocity., The space ship "enters' heliocentric
space. Its hyperbolic velocity is added vectorially to the Earth's orbit velocity, Ue .
The resulting heliocentric departure velocity of the space ship is Vl'

Let the geocentric ecliptic coordinate system be projected on the activity sphere

(Figure 6-35) with the lead meridian, pointing in the direction of the Earth's motion,

being the zero meridian, )\’ = 0. The latitude is ', with 8 = 0 in the Earth's orbit

plane. Then, for a given Vi and with departure path angle 8 1 (between Ug and vy

known from the heliocentric transfer calculations, the hyperbolic excess is given by
1

- 2 2 2
V,°°— [UGB +V1 —ZUQ V1 cosﬁl] (6-1)

This equation applies to the planar case; i.e., v, and V1 lie in the ecliptic and
B 11 = 0. The longitude of the exit point (E) on the activity sphere is

’ _ 6-2
Xl a1+ﬁl+‘>‘1 (6-2)

where

sin ozl = sin (B 1 + yl) (6-3)

act
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EARTH % 1
ORBIT 1

EARTH ACTIVITY
SPHERE

RENDEZVOUS

(a) View from North
Pole of Ecliptic

ECLIPTIC /

PLANE

(b) View from Point
in Ecliptic

Figure 6-35. Earth Departure Maneuver on a Mars Mission
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with

6= [eZ 1 (6-4)

- sin (Bl + yl)

r

e=1+ v (6-5)

@®

®

(6-6)

K
)

T2
v

2]

The perigee distance equals the distance of the rendezvous orbit in the case of an
impulsive departure maneuver, and

U
sin 71 =7 sin 8 1 (6-7)

@

The planetocentric departure velocity

1
Kg 2|2
Vil v, (6-8)
P
points in the direction
(23 / 1
= - AP - 6-
Al )\1 +3 £ al (6-9)
where
1 1
sinEAC =2 (6-10)

is one-half of the angle by which v would be turned if the vehicle flew the entire
hyperbola through the activity sphere, as is the case of a hyperbolic encounter

(fly-by) .

The angle between the Earth-Sun radius vector and the Earth-spacecraft radius
vector at the moment of impulsive departure (i.e., at the vertex of the hyperbola) is

T=90+8 -(8 +¥) (6-11)
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where the semi-vertex angle (qbl) follows from

(6-12)

o]~

cos¢>1=

At the sub-perigee meridian of Earth the time is 7/15 hours past high noon. The
flight time (tp ) from perigee to distance r from Earth is shown in Figure 6-36 as a
function of r for a series of v¥ (EMOS) values.

At nonplanar departure, the plane of the hyperbolic orbit no longer coincides with

the ecliptic (Figure 6-35, bottom), If i; is the inclination of the heliocentric transfer
orbit with respect to the ecliptic (i 1 is known from the heliocentric transfer orbit
calculations, Section 6.3), the hyperbolic excess velocity becomes larger than the
value given by Equatlon 6-1 for otherwise the same conditions (i.e., same g 1 and
planar v_):

2 2 .
= -2 -
(voo)i1 [U@ + V1 U63 V1 cos ﬁl cos 1, J (6-13)

Thus, the ratio (vm) to v, (Equation 6-1) must be equal to the cosine of the angle
formed by the two vectors. However, the orbit must now be tilted; i.e., rolled
about the axis OA = rp + a (if the perigee was previously located in the 37 = 0 plane)
or about the axis O &Q (if the perigee was above or below the 8/ = 0 plane) until (Voo)§
lies in the plane which passes through the center of attraction as required by Newton's
law of grav1tat10n. This, however, means that the angle between (Vm)1 and v, is
equal to 8 17 whence,
[ 2 2 , ] %—
) (V‘”)il ) Ue + V - 2U$V cos B cos 11
cos 8 1 " = (6-14)

o]

v -—
_2 7
[ +V Ue\lcosB]

However the inclination of the hyperbolic orbit plane, iy, 1s not necessarily equal to
ﬁ 1 . This would be the case only if the center angle u (argument of the longitude,
measured from the ascending node) is 90 degrees, since

sin ﬁ’

e o 6-15
sin lh Sinu_ (6-15)
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If the ascending node coincides with the perigee (i.e., if the perigee of the hyperbola
lies in the ecliptic), then u = 1 (true anomaly), or more specifically,

cos u= cos § (AOE) = cos 'r;ﬂ = —i— (6-16)

where 7] is the limiting true anomaly of the hyperbola, i.e, the true anomaly of a
point at’infinity (point E, Figure 6-35 approaches this condition); and n ) > 90° .
Therefore, ih must, in this case, be larger than B’l .

For a discussion of the performance aspects of distance and precession of the
rendezvous orbit, see Section 7.

6.7 PLANET CAPTURE. A space ship approaching a target planet in such a manner
that the approach asymptote intersects the target-planet orbit at a distance 6 from
the center of the target planet, will reach a periapsis distance rp which is given as

a function of v, By ¥ o and 8 (Figure 6-37) by the relation (Ref. 6-10)

‘ 2
6 sin (B, + 72) -}
1+ 3 -1
Kpl /Vco’z
rp = Kpl 2 | (6-17)

Voo’ 2

All parameters have been defined in the preceding paragraph.

In order to achieve the correct planetocentric approach conditions defined above,

the heliocentric transfer orbit must intersect the activity sphere at a certain longi-
tude A, (Figure 6-38) which, for the planar (two-dimensional) case, is found as
follows: Figure 6-38 shows that )\2 is measured counterclockwise from the meridian
pointing in the direction of the planet's motion, It is seen that

Xp =180 + &5 - (B, +¥,) (6-18)
where
sin o -5 sin (8 + (6-19
act
Upl
sin y2 =§ sin Bz (6-20)
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Figure 6-37. Planetocentric Geometry of Capture
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ACTIVITY SPHERE

ORBIT

Figure 6-38. Determination of the Impact Point on the Planet's Activity Sphere

From the fact that the hyperbolic orbit passing through the activity sphere has two
branches, symmetrically oriented with respect to the semi-major axis, it is obvious
that the same periapsis distance can be approached from two "entry points' into the
activity sphere. In one case the orbit is direct, in the other retrograde.

For a capture mission not involving landing and return of a probe or a manned ex-
cursion vehicle, it makes little difference whether the orbit is direct or retrograde,
Re-escape is not affected. In view of the approach to the Venus capture mission
presented in Section 5, there would, therefore, exist two possible entry points.
This is not true for Mars because of the mission philosophy adopted for this target
planet, since at least instrumented Returners would be deployed to the Martian
surface. For reasons of energy management the Mars capture orbit must therefore
be direct, leaving only one permissible entry point,

The third important parameter is the orientation of the orbit plane. Capture orbit
inclination control is necessary, to assure the planned capture orbit inclination with
respect to the equator for reconnaissance purposes, and to minimize plane changes
prior to departure from the target planet. While the periapsis is a function of the
longitude of the entry point, among other paramcters, the inclination of the capture
orbit is affected by the latitude of the entry point. It is possible to meet the distance
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accuracy requirement in many planetocentric orbit planes, depending upon the location
of the entry point on the correct meridian of the planet's activity sphere, or, in other
words, on the latitude and longitude of that point on the planet's celestial sphere at
which the ship's orbit-reference system changes from heliocentric to planetocentric.
In Figure 6-39 the reference plane is the planet's orbit plane. If the ship passes into
the activity sphere through the heading meridian (pointing in flight direction), the
planetocentric orbit plane must be orthogonal to the reference plane (point 1), if no
lateral velocity vector exists at the moment of entry. Point 2 exemplifies an arbitrary
entry point with arbitrary velocity vector orientation at impact.

1)

\\\iiii!!u}a.ﬁ\ :

pl p

Figure 6-39. Effect of "Entry Point" into Planet's Activity
Sphere on Capture Orbit Inclination
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Therefore, the independent variable, from the standpoint of guidance and navigation,
is the plane of the hyperbolic orbit inside the activity sphere of the planet, This plane
determines the plane f the capture orbit in the absence of a plane change during the
capture maneuver. The inclination (i) of this hyperbolic orbit plane is determined by
the entry coordinates (A and +8) on the activity sphere, and by the aximuth angle (A):

cosi=cos B sin A (6-21)

whence (Figure 6-40),

sin B

6-22
sin i ( )

sinu =

cos u
cos f8

cos (A -Q) = (6-23)

so that, for given 8, A and A, the values of i, u and Q are determined. The angle A
is a function of the projection of the vector v_ on the activity sphere. This projection
is a function of the entry angle (I):

/
<3

Ve =V_ 8inl (6-24)
-]

and A is equal to §, the angle of deviation from the meridian plane through entry
longitude ).

If the plane of the capture orbit can be controlled effectively, it is possible to deter-
mine an orbit properly inclined with respect to the planet's equator so that no (or
only a small) plane change is required at departure, This can be achieved with or
without the aid of orbital precession during the capture period near Mars., For
example, if the capture orbit is polar it does not precess but, for a given departure
orbit, there exists a desirable plane orientation at capture which places the orbit
plane in the right position at departure time due to the curvature of the planet orbit
(Figure 6-41),

These orbit plane orientation requirements must be compatible with the need to cover
a maximum of illuminated surface for optical mapping during the comparatively brief
Mars capture period. As pointed out in Section 5, the Mappers would, of course, be
left behind when the manned vehicles depart, so that more time than the capture period
would be available for mapping., However, because of the superior data handling and
power supply conditions on board the manned ships, it is likely that the Mapper will
operate at inferior resolution after being left behind. Thus, there is important
incentive to accomplish as much optical mapping as possible during the capture period.
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AZIMUTH ANGLE
LEADING X
MERIDIAN, A = 0
ENTRY POINT p

INTO ACTIVITY

SPHERE R PROJECTION OF v, ON

ACTIVITY SPHERE

A
v . | J)
- 1 7= \
ORBIT at
x-Q
INCLINATION OF
B HYPERBOLIC
ORBIT PLANE

ORBIT PLANE =
EQUATOR PLANE
OF ACTIVITY
SPHERE

v/ SN

. vy

Figure 6-40. Determination of the Inclination of the Hyperbolic
Orbit Plane in the Planetary Activity Sphere
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CAPTURE PERIOD

DESIRABLE ORIENTATION OF
CAPTURE ORBIT PLANE,
IF ORBIT IS POLAR

ORBITAL
ASSEMBLY
AND LAUNCH

PREPARATION

Figure 6-41. Determination of Desirable Capture Orbit Inclination for
Target Planet Departure Without Plane Change (Dual-Constraint
Navigation With Capture Distance and Orbit Inclination Fixed)
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A polar capture orbit certainly is highly compatible with requirements for extensive
coverage, since polar or near-polar orbits provide geometric access to the entire
planetary surface even from low altitudes. This is desirable for the Floater, Lander.
Returner, and MEV. However, the wrong plane orientation may maximize the
shadow periods. Fortunately, it turns out that for the Mars positions and the Mars
departure directions required in Mars Missions 1973-1, -2, -3, and 1975-1, the
daylight viewing conditions are quite favorable, This is illustrated in Figure 6-42
for the example of Mission 1973-1, Neglecting the inclination of the Mars equator
plane with respect to the Mars orbit plane, and assuming that a capture orbit plane
normal to the Mars orbit plane is at the same time a polar orbit, then the orbit
would not precess. The orientation of the plane would be as indicated in Figure 6-42,
if it were controlled by the departure conditions. There is, however, little if any
conflict with the optical requirements, The observer would initially pass over the
daylight side at its mid-afternoon. Due to the motion of Mars about the Sun at the
rate of some 0.52 degrees per day, the (non-precessing) orbit plane rotates clock-
wise (i.e., into the daylight side toward high noon) at the rate of 0.52 degrees per
day. During the maximum capture period of 39 days, the plane will have rotated
about 20 degrees toward high noon.

CAPTURE
ORBIT PLANE

Figure 6-42, Daylight Viewing Conditions During
Capture Period of Mars Mission 1973~-1
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Rotation of the observer toward high noon reduces the contrasts and the relief,
Therefore it might be desirable to start somewhat closer to the evening terminator.
This can be done relatively simply by tilting the orbit slightly out of the polar plane
and letting precession provide the somewhat higher rate of rotation required,

Thus, the conditions for optical observation from a polar or highly inclined orbit

are favorable during the capture periods of the 1973 and 1975 Mars missions. Never-
theless, a high-resolution radar system might be profitably included in the Mars
Mapper instrumentation because the optical duty cycle comprises hardly more than
one-half of each revolution at the orbit altitudes of 1000-1065 km which have been
considered to provide coverage overlap and resonance conditions for Returners and
MEV. Power requirements are moderate because of the low altitude (cf. Addendum,
Confidential Restricted Data),

A careful comparison of optical versus optical-radar Mars Mapper is recommended
for a future study phase, with consideration given to weight and power requirements.

Figure 6-43 shows the circular orbit velocity versus distance and the period versus
mean distance from Venus and Mars.

The period of nodal precession is approximately given by

T id 2
T =~ = (‘2‘ (6-25)
pr - yecost \ r_

where T, is the sidereal period of the (near-circular) orbit at mean distance, a,
from the primary whose equatorial radius is r; ¢ is the inclination of the satellite
orbit with respect to the equator plane and

v =€Cf--% m (6"26)

is the coefficient of the second harmonic of the equation describing the gravitational
field of an oblate body; edyis the oblateness (optical flattening of Mars and

w?
To

m= (6-27)

go

is the ratio of centrifugal to gravitational acceleration at the equator. Using, for a
rough estimate, g, = 402 cm/sec?, row2 = 0. 83 cm/sec?, and €qr™ 1/100, it follows
that

m ~ 0., 002062
(6-28)
y ~ 8,99 . 1073

(Earth value of ¥ is (1.62341 +0.004) x 10™3, from Vanguard I.)
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For the case of a/r = 1.32 (y = 1070 km) and Tgiq = 2-38 hrs, it follows that

_ 461

~

pr cost

(6-29)

This approximation serves to show that, in spite of its greater oblateness, the weak
Martian field causes the precession periods to be very long. Even for a near-
equatorial orbit (cos t ~ 1) the precession period of about 19 days represents a
significant fraction of the capture period. For near-polar orbits, very long periods
are indicated. The precession period relative to the daylight side of Mars is

1 1 1 1
T ~ T  "686.98 [days] (6-30)
pr  pr

where 686.98 days = 1 Mars year,

A considerable amount of additional analytical and data-research work is required to
arrive at more precise precession periods and to combine all the factors affecting
the Martian capture orbit into a harmonious system,

The visible disk of Venus has no perceptible oblateness. During the initial study
phase no direct evidence (aside from that which could be inferred from the possibility
that Venus may have synchronous rotation) was available that Venus has no radiation
belt. Greater proximity to the Sun, size similar to Earth, and a suggestion by
Houtgast (Ref. 6-11) which interpreted certain data as indication that Venus has a
strong magnetic field, made it advisable not to dismiss entirely the possibility that
Venus has a strong radiation belt. This has not been verified by Mariner 2, How-
ever, making the conservative assumption of a strong field which might have to be
avoided by the interplanetary ships, two modes of operation in the Venusian activity
sphere were carried along in parallel:

a. The interplanetary ships stay outside the radiation belt, in a near-circular orbit
at 15 radij; a two-man heavily shielded Venus Scout Vehicle (VSV) enters the
belt and approaches the Venusian surface to an altitude just outside the atmosphere
for radar reconnaissance operations.

b. With the other modus operandi, the main vehicles approach Venus to a mean
distance of 1.1 radii and carry out radar and other reconnaissance (Floaters,
Landers). As in the case of Mars, the Mapper stays connected with the main
vehicle, but is left behind to continue operation,

6-61



AOK63-0001

For either mode, no preferred capture-orbit plane can be defined for the reconnais-
sance activity; capture-orbit inclination control was, in this case, considered to he
determined solely by the requirements for minimizing plane changes at Venus escape.

Figures 6-44 and 6-45 show the flight time (tp ) in hyperbolic orbits from periapsis to
distance r for a range of hyperbolic excess velbeities, v (EMOS) .

The vehicles may be captured in elliptic, rather than in circular orbits, This may
lead to considerable energy savings, but imposes certain additional constraints on
the escape operations. This subject is discussed in Section 7.

6.7 EARTH RETURN. The work statement specified that whenever possible the state-
of-the-art should not exceed those of the Apollo mission. For this reason, particular
attention was given to the limited retrothrust return mode, in which, at a suitable
distance from the surface, the planetary (hyperbolic) approach conditions are erased
by means of retrothrust which acts just long enough to reduce the velocity to slightly
sub-parabolic (i.e., negative orbital energy) flight conditions closely matching

Apollo conditions. This return mode was considered attractive and practical for

the following reasons;

a. Use of a (by then) tried and proven technique.

b. Capture in the Earth's activity sphere is attained prior to the entry maneuver,
This offers additional safety for the crew, which is protected against re-escape
in case entry is too high, and it greatly facilitates rescue operations,

c. If nuclear propulsion is used. the hydrogen carried along for the final maneuver
can, if carried in sufficient quantity, serve as a radiation shield for the crew,
thereby saving shield weight in addition to the added weight required for the
hyperbolic entry vehicle.

d. The retrothrust offers a comparatively greater mission flexibility. If very
high return approach velocities are involved, more propellant is taken along or,
if a mission profile change en route becomes necessary, the available propellant
can be made to buy a larger velocity change by greater mass reduction, prior to
M-3 or even M-2. To achieve the same flexibility with hyperbolic entry, entry
velocities to the order of Ve*ntry ~ 0.5 or 16 km/sec must be mastered.

On the other hand, it is realized that hyperbolic entry offers advantages:
a, If restricted to relatively low hyperbolic velocities, entry conditions arc not
radically different from Apollo conditions,

b. If a comparatively low specific impulse (400-420 scc) is postulated for the retro-
system, it quickly becomes much heavier than a hyperbolic entry system, especially

at low hyperbolic velocities,
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c. A terminal weight reduction is augmented by the mass-ratio factor when its effect
on the initial weight is considered.

In compliance with the work statement, alternate return modes were investigated;
however, investigation so far has been only in the lower hyperbolic entry velocity
regime (up to v: ~ 0.3, i.e,, V;ntr ~ 0.45 or ~ 14 km/sec) because conditions in

this regime do not exceed the expec¥ed technological state of the art in the early 1970's.
A combination of retro- and hyperbolic entry system was also considered, as well as

a Hohmann entry maneuver (skip) .

The retro-thrust return mode was used on the following basis: Retrothrust was
applied early enough so that, at an altitude of 1000 km, the vehicle was slowed down
to a velocity equal to 1.4 local circular velocity (v = 1.4). The osculating orbit at
cut-off was to have an unperturbed perigee at approximately 60 km altitude. From
the defined terminal condition, the powered flight path was computed backward to
various values of v’ (cf. Section 7).

6.8 ERROR ANALYSIS AND GUIDANCE TECHNIQUE. Errors at orbital departure

inject the space vehicles into an erroneous escape orbit which in turn delivers them
into an incorrect heliocentric transfer orbit. Errors in deparf‘.ure velocity direction
and magnitude affect the heliocentric orbit to a different degree. Displacement of
the heliocentric distance of the exit point E, for example, are in any case 8o small
(maximum value would be the radius of the activity sphere) that their effect on the
heliocentric orbit is practically negligible. Of greater importance is that, in the
case of an error in launch time or in geocentric departure velocity v,, or both, the
latitude A, of E is displaced. This changes the heliocentric departure velocity V,
and the departure angle 8, with respect to the Earth orbit, aside from the direct
effect of an error in viyonV,; and g 1+ Assuming that injection occurs at the periapsis,
then vy = vp and the effect of an error Av p is

on the semi-major axis (see Figure 6-46):

Zaz
Aa = mo=—— v Av (6-31)
Ko p p

on the eccentricity

2
Ae=— (1+e) Av (6-32)
vp p
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and on the hyperbolic excess velocity

av_ =L Ay (6-33)

changing the semi-vertex angle to

(v. x4v) (v, ¥4V, )
tan ¢’ = P P (6-34)

K/r
P

and the semi-major axis to
b'=(a+ Aa)tan¢’ = b + Ab,

The angle a, is changed by

A = Ab

1 ract Cco8 oz1

(6-35)

The associated change of the radial component Vo1, p of the hyperbolic excess
velocity is

av = (v

©1,r £ Avml) cos (a1 :LAozl) (6-36)

®1

The change in the radial component of the heliocentric departure velocity is

AV =(v

Lr 2 Av_ ) sin (89) (6-37)

©]
Ap=0'-0¢, is usually entirely negligible, at least as far as its effect on the helio-
centric transfer orbit is concerned. Primarily affected will be the scalar magnitude
of V_.

1

The errors at beginning of heliocentric coast lead to a heliocentric miss distance (d)
of the planet, taken in this case as a mass-less point in space-time. The resulting
periapsis distance in the actual planetary activity sphere is plotted in Figure 6-47.
It is seen that r./d is more closely equal to one for Mars than for Venus, due to the
stronger gravitational field of the latter. The assumptions underlying Figures 6-47
and 6-48 and the subsequent discussion are:

a. the planets move in circular orbits at mean distances, and
b. their orbits are coplanar in the ecliptic.
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The effect of the first assumption on the conclusions obtained from the error analysis
is negligible, The effect of the second assumption is that a cross-coupling effect
between the planar and the nonplanar components of the miss distance is neglected.

In reality, the transfer orbit plane will almost always be inclined. It is designed to
intersect the target orbit plane whenthe distance of the vehicle is equal to the instan-
taneous distance of the target planet. However, if the transfer orbit plane or the
transfer angle or both deviate from the reference value, the vehicle will intersect the
target plane at a different distance. That is, it will reach the target planet's distance
at a point of northern or southern deviation from the heliocentric ecliptic latitude

b by the amount

Ad.b = ﬂt tan i (6-36)

where dp is the miss distance in heliocentric latitude (i.e., the latitude of the space
vehicle at the point of closest approach to the mass-less target point occupied by

the center of the target planet), 7 is the transfer angle and i is the inclination of the
transfer orbit plane relative to the target orbit plane, The two cross-coupling terms
are therefore, in the case of non-planar transfer,

on
d t
3X (clb) T dx tan 1
(6-37)
on

d t :
3y (d.b) Y tan i

where x and y are two quantities measured parallel to the transfer orbit plane (angles
or distances, cf. below). For practical reasons (energy limitation) the angle i will
generally be small and, therefore, these terms will generally be small compared to
the error coefficients to be discussed below. For this reason, they are presently
neglected for reasons of simplicity. It is recognized, however, that they must be
considered in the precision analysis of specific mission profiles and in the design

of the actual midcourse guidance system.

Miss distance d is resolved into two components, d!l and db, which, in the planar case,
are measured in the plane of the ecliptic and normal to it, respectively. If 6 is the
intersection angle between target planet orbit and transfer orbit, Up! and Vy are the
target planet's orbit velocity and the vehicle's velocity at target orbit intersection, then
(Figure 6-48)

r

\'
©

sinl = (6-38)
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where V,, is the radial component of Vo. The distance between vehicle and planet
(mass-less) at intersection of the planet's orbit is

=R M- ) <R A (6-39)

The planar component of the miss distance is related to the angle { by the relation

d£
sin { =— (6-40)

r

i

Vr
d! =r, sin ¢ =7: r. = Rp An 8in (6-41)
The orthogonal miss distance is (Figure 6-49) ,

d = Rp 2 5o (6-42)

where by is the heliocentric ecliptic latitude of the vehicle at the time when the
vehicle's distance is equal to that of the target planet By = Rpﬂ) . The miss distance
is given by

d=[ & + a2 (6-43)

It is now possibly to establish a correlation between initial and terminal errors, which
would apply to the case of a purely ballistic transfer; or between initial and midcourse
errors; or between midcourse and terminal errors. The first case is of little
significance presently, since a midcourse correction capability is assumed to be
available to the convoy vehicles. For the errors between departure and midcourse

it holds that

= + ~
AR Vv AVr,l av AVa,l
r,1 a,l

_on an S

Ant =3V AVr,1 +-——av AVa’1 (6-44)
r,1 a,l
db J
b=
4 dv AVw,l
w,1
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where R, U and b are the heliocentric distance, transfer angle and latitude, respectively,
of the space vehicle; Vr 1’ Va 1 and V_, .1 are the heliocentric departure values of

the radial, azimuthal and orthogonal component respectively, of the vehicle's helio-
centric departure velocity, V,. The partials and the differential in the third equation

are the error coefficients which are determined by differentiating the appropriate equa-
tions of the conic orbit in a central force field. The variation of the partials with \£
follows from

3R 3R 2 . JR 2
BVI aVr,l ava’l
2 2
an an 3N (6-45)
avl avr,l ava’l

For equal transfer periods to a given transfer angle, the error coefficients turn out

to be almost independent of the numerical value of the transfer angle. The error
coefficients are plotted in Figure 6-49 for a Mars flight, The latitude error reaches
a maximum at 90° and then decreases to zero at 180°, while the error in distance and
transfer angle grow monotonously with time. The longer the midcourse correction

is delayed, the more the vehicle is off course and the more expensive is the correction
maneuver likely to be.

On the other hand, the earlier during the transfer the mideourse correction is made,
the greater is the potential post-midcourse error. This leads to the discussion of
the error sensitivity of the terminal coordinates to a midcourse correction. The
error equation can be written in the form

o) d
Ad2 =33 (dl) Ax +5—3; (dl) Ay (6-46)
ad = -9- (d) Az (6-47)

where x, y and z are measurements made in the ecliptic plane (x, y) and orthogonally
to it (z) . The two alternatives which have been considered are: a) angular position
measurements only, such as the angular positions and two planets or of one planet

and the Sun; b) range and two angular position measurements. Since the equations
of motion of the vehicle in the transfer
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to an Error in Departure Velocity V1

orbit contain six constants, six values are required to define the orbit (namely,

three positions and three velocities) . The most accurate position measurement is

the one which can be made near Earth at the departure cutoff point, Subsequent

very accurate position measurements can be made from Earth-based tracking facilities
by means of radar or, even better, optically (the vehicle can easily and very accurately
be tracked in cislunar space by carrying along an inflated sphere) or by laser. There-
fore, the midcourse guidance system of a vehicle, which is not propelled by more

or less continuous thrust, must measure only three quantities. As pointed out above,
these are either angles or range and two angles,

Angular sightings of two solar-system objects with known positions relative to
inertial space (fixed stars) extablish two lines of position. Their intersection
determines the location of the vehicle. In order to avoid over -determination, the
position of two objects in the ecliptic plane is determined, but the position of only
one of these objects (preferably the nearer one) is measured normal to the ecliptic.
If the position normal to the ecliptic of both objects is measured, a least-square
solution may be employed, yiclding higher accuracy, but requiring somewhat greater
computer complexity. This is not considered a problem, though, in a manned space
vehicle 10 to 13 years hence. The objects to be considered are the Sun, Earth,
target planets and finally other objects (planets or asteroids if their ephemerides are
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well established). The usefulness of the latter group depends upon their position
during transfer of the convoy. The first three objects are more reliably available,
The Sun, in particular, is both plainly visible and at comparatively close distance
for the missions considered here (0.7 < R < 1.6 A,U.). Moreover, it is the only
body which always is in the same plane as the convoy, in heliocentric space. It is
therefore a likely choice as one of the objects, at least at certain periods during the
transfer. In the case of a flight to Mars, the other object is preferably Mars. By
observing the target planet which is practically a "full Mars', except for the very
first and last portion of the flight, difficulties connected with observing a body of
varying crescent shape are avoided. In a Venus flight the Earth should be used as
much as possible, for the same reason,

It is presently assumed that all three angular measurements are made with the same
accuracy. In this case the planar error coefficients can be combined in the root-sum-
square term

\[ 3 2 3 2
Adl= -S—[l- (dl) + 312 (df) AVI | (6-48)

If the nominal value of the miss distance d is zero, it {8 approximately

Ads 0.8726 (Ad, + Ad,) (6-49)

provided the ratio of the two error coefficients is in the range 0,146 < Adl/Ad.b <1/0, 146,
Thus
dd

Ad = a—‘-,; AV1 (6-50)

The ratio 3d/3 V, is plotted in Figure 6-50 for Venus and Mars. The orthogonal
angular measurement has been assumed to be made on the nearer of the two planets;
(l.e., during the Mars flight, first on Earth and then on Mars). The values of

d (dy,) /dbO,G.d‘ with respect to Sun, Earth and Mars, plotted in Figure 6-51 show
that the orthogonal error coefficient for the Sun is always larger than that of both
planets. The orthogonal error coefficient for Earth has the smallest value of all
three bodies up to about the 105th day of the 200-day transfer to Mars. Thereafter,
the orthogonal error coefficient for Mars becomes smaller and Mars should be used.
In the case of the transfer to Venus, the crossover point occurs at about the 81st day
of the 140-day transfer. Figure 6-50 shows that, for the transfer to Mars, if Earth
and Sun are used, the midcourse correction should be made around the 30th day of
flight. Shortly thereafter and through the 80th day, the Mars-Sun combination yields
the smallest error coefficient for practically the rest of the flight. For the transfer
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Figure 6-50. Error Coefficients for Planet-Planet or Planet-Sun Guidance
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to Venus, the Venus-Sun combination yields a first minimum at about the 40th day,
Thereafter, the Earth-Venus conb ination i8 best for almost the entire flight.

Generally, the error coefficients decrease with time, due to the gradual increase of
the position error, as shown in Figure 6-50. Each curve becomes infinite at a parti-
cular time, at which the vehicle passes through the line connecting the two bodies
when the sightings were made. In a nonplanar transfer this is less likely to occur.

For the alternate case of two angular measurements and a range measurement, the
error equations are

Adln_a%'_ (dl) Ar+—a%-(d2) AL (6-51)
db (clb) Ab (6-62)

The individual error coeffioients are shown in Figures 6-81 and 6-562 for the same
transfers to Venus snd Mars as before. Since the range measurement is dimensionally
different from the angular me asurements, the error coefficients cannot be combined
into a single coefficient, unless each error coefficient is multiplied by probable error
of the corresponding guldance measurement. The main difference, in comparison

to the three angular measurements, is the low value of 3 (dy) /32 and 3 (d) /db for
Earth while the vehicle 18 near the Earth and for the target planet during the terminal
phase of the flight, This renders the combined range and angle measuring technique
partioularly attractive for departure and early midcourse guidance, using Earth; and
for late midcourse and terminal guldance, using the target planet. Since the position
angles of the vehicle as seen from Earth are simply the reverse of the position angle
as seen from the vehicle, these error coefficients may also be used for an Earth-
based guidance and control system whichmeasures r, £, and b to the vehicle,

Comparison of both the angle and the range-plus-angle method shows that, for mini-
mum guidance error coefficients, an Earth-based technique should be applied, for
greatest acouracy, during the hyperbolic and the early hellocentric flight phaae

During heliocentric midcourse a Sun-planet angle measuring technique appears most
attractive. During final approach to the target planet, the guidance method should
revert back to the r, £, b technique using range (and range rate) radar measurements,
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When a powered correction maneuver is carried out, the change in position (x, y, 2z)

as well as in velocity (V= JVy2 + Vy2 +V,2 ) will be measured accurately by
means of a stellar-monitored all-inertial guidance system. Therefore, a new set of
position data is accurately available and the guidance technique of measuring only

three quantities is retained after the correction maneuver. Theoretically, a new

set of error coefficients must be computed, since the convoy now follows a different
transfer orbit. However, if the orbit change is small (velocity change 50 to 100 m/sec),
the error sensitivity will be changed very little, so that for preliminary or comparative
studies the same error coefficients can be retained.

6.9 NAVIGATION. Errors at orbital departure are propagated through the hyperbolic
excape orbit to the heliocentric transfer orbit. The latter shows a wide range of sensi-
tivities to individual launch errors. Any error will affect the exit point position on

the activity sphere., Among other changes there is likely to be a change in heliocentric
distance of the exit point. Such displacement is an example for an error which has a
negligible effect on the heliocentric orbit. Of far greater importance are: failure '
to launch on time, resulting in an error in the launch azimuth; an error in departure
velocity, v1; and an error in the initial flight path angle. At no given launch date or
departure velocity are all three error sensitivities minimized. The cause which can
be least controlled with the navigational equipment on hand may therefore tend to
become a controlling factor. Figure 6-53 shows the miss distance of Venus as the
result of launch errors from a 325-km rendezvous orbit. In this orbit the space ship
travels at approximately 0. 066 deg/sec. A launch azimuth error of 0.1 deg corres-
ponds, therefore, to an error of 1.65 seconds in burnout time. It is seen that in this
case (and in most others) it is precisely the launch-on-time error which has the strongest
effect. Because of the high angular velocity in orbit, and because of the fact that a
convoy of several vehicles may have to be launched simultaneously, the launch-on-time
requirement may not be fulfilled to the degree of precision desired. Selecting a
departure velocity at which this particular error sensitivity is a minimum, however,
imposes constraints on the mission profile selection which are hardly acceptable,
Gordon (Ref, 6-14) has shown that there exists a value of coast arc in the parking or
the rendezvous orbit for which the effect of guidance errors (gyro and accelerometer
errors) is minimized, because the correlations between the coordinate deviations

vary as function of the parking orbit coast angle, Certain errors may cancel each
other, This coast arc lies between 100 and 140 degrees from the point of injection,

or from the point of the last powered correction maneuver in the orbit, As a result

of errors in departure, post-injection correction is necessary. The presence of
human intelligence on both ends, in the planet ship as well as on Earth, will be of
great benefit in terms of reliability and precision of interplanetary navigation.
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The preferred methods of guidance and navigation during the various flight modes are
listed in Table 6-2.

Because of the variety of locations above the Earth's surface at which the ignition
and burnout points may be located, the guidance system for orbital launch through to
injection into the hyperbolic escape orbit should be a self-contained all-inertial system,
using a four-gimbal, all-attitude platform which is space stabilized for the duration
of the powered maneuver by three single-degree-of-freedom gyros. On the four
gimbal axes of the inertial platform, a resolver chain is provided which is used for
transforming vectors from the guidance inertial corrdinate system to the pitch,

yaw and roll axes of the vehi¢le, This transformation is used for autopilot functions
and provides an attitude reference for steering the vehicle during powered flight

and for orienting the vehicle during coast periods and prior to powered maneuvers.
The second major component of the inertial guidance system is the computer. The
flexibility allowed in changing the computer program is a major factor in the overall
flexibility of the guidance system. Program changes which might have to be made

in a short time, if an Earth departure date is postponed by a few days, require far
greater computer-program-change flexibility than is available in most, if not all
inertial systems presently in use. The computer must be digitalized and capable of
orbit computations as well as of other functions, including logical commands,
information pick-up and storage, and input-output. The computer accepts the three
accelerometer inputs which are in the form of pulse trains, each pulse being equiva-
lent to about a 1/10-ft/sec velocity increment. In addition, the computer accepts
time impulses from a crystal oscillator which serves as precision time source, The
continuous outputs from the computer are six analog signals, three for vehicle steering
and three for gyro torquing during alignment and calibration, and for gyro drift com-
pensation in flight, These analog outputs are provided by six digital-to-analog
converters. Discrete outputs are provided for initiation of ignition, thrust cutoff,
and staging sequences. Additional discrete inputs to the computer are used for mode
switching during in-orbit prelaunch operation of the computer and for autopilot
commands to the guidance computer during powered flight, Along with the main
computer, a computer control unit is required to keep track of time during the pro-
longed coast periods during which the computer may be shut off to conserve vehicle
power, or during emergencies when sufficient power is temporarily unavailable.

In applying an all-inertial system to planetary missions, certain limitations must be
overcome. The system accuracy is affected by (among other factors)the shifting of
gyro drift rates which occur from run-up to run-up of the inertial platform when the
storage environment of this unit is not closely controlled, Also, there are possible
accelerometer bias and scale factor shifts under storage conditions. If the system
operates in free space, the typical oscillatory characteristics of an inertial guidance
system are absent, so that a constant acceleration error, for example, propagates as
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Table 6-2. Guidance and Navigation During the Principal
Flight Modes

NO. FLIGHT MODE GUIDANCE AND NAVIGATION

1 Orbital launch and Vehicle-based all-inertial guidance system with four -
injection into depar- |gimbal all-attitude inertial platform, digital guidance
ture hyperbola computer and associated equipment,

2 Hyperbolic coast Earth-based radio-command guidance system based on
range and position measurements. Vehicle-based inflatable
tracer bodies could assist to perform precise optical
position determination by Earth stations. First powered
correction maneuver in cislunar space (0.5-1 day following
launch) to improve heliocentric injection accuracy.

3 Initial heliocentric As No. 2. During midcourse correction maneuvers thrust

coast acceleration is integrated by all-inertial guidance system
to obtain new position and initial velocity data for new
transfer orbit,

4 Intermediate | Vehicle-based three-angle measuring technique (cf. Section
heliocentric coast 6.8) using Earth and target planet (especially advantageous

for transfer to Venus) or Sun and target planet,

5 Terminal heliocentric Revert back to combined range and two-angle measure-
coast (approach of ments, using vehicle-based radar for range measurements.
target planet's
activity sphere)

6 Hyperbolic approach | As No. 5

7 Capture maneuver Vehicle-based all-inertial guidance system,

8 Capture-orbit coast |Horizon scanner and all-inertial platform as back-up.
and attitude control

9 Maneuvers to change | As No. 7
capture orbit

10 Preparation of Exphemerides of suitable alternative heliocentric return
return flight orbits and associated capture-orbit plane orientation,

launch azimuth, and hyperbolic orbit elements precalculated.
Associated error coefficients also precalculated. Inde-
pendent on-board backup capability provided by vehicle-based
computer,

11 | Return flight Analogous to outgoing flight,

12 Earth capture Earth-based radio-command system; for powered maneuvers:
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(1/2) (a) (t2) instead of as a bounded oscillatory function. An acceleration bias error
of t x 10~° g, for example, would produce during a 2000 sec powered flight a position
error of 1000 m (3280 ft) and a velocity error of 1 m/sec (3.28 ft/sec). If these
factors are not taken into account in applying the system to the planetary mission, its
usefulness would be greatly limited. A major limitation of the computer could be a
too-slow computation rate, It is important that the arithmetic unit contain an adequate
number of accumulators. It should also be possible to load the computer in an unmanned
companion ship (service vehicle) from the control room of the manned ship (crew
vehicle) . In order to overcome the accuracy problem in the inertial components
(caused by shifts in their parameters over extended storage periods in the rendezvous
orbit prior to departure) it is necessary to carry out a thorough calibration of the
inertial components shortly before launch, after the guidance system has settled

into a steady-state operating condition. During this prelaunch calibration mode, the
accelerometer bias and scale factors are determined again, for use in correcting the
position and velocity calculations in flight, Also, gyro drift parameters are redeter-
mined, including the measurement of gyro-fixed restraint drifts and the mass un-
balance drift coefficients for mass shifts along the input axes of the three platform
gyros. The drift parameters determined during this calibration mode are used to
generate torquing rates as a function of measured acceleration, which are fed into

the platform gyros during flight, in order to compensate for their internal drifts,
These drifts continue (although at a lesser rate) after cutoff, if artificial gravity is
generated for biological reasons. Therefore, it would be advantageous, from the
viewpoint of minimizing drift rates during the long coast periods, to install the
system in a service vehicle, which would not rotate and would, in fact, be likely to

be attitude controlled, in order to minimize propellant evaporation or possibly for
other reasons (e.g., to shield the crew module from nuclear radiation emanating
from the service vehicle) . The mass unbalance coefficients for the spin reference
axes have not been determined in the above-mentioned calibration mode. They

must be determined prior to placing the system into the vehicle to determine an optimum
platform orientation for which the errors caused by shifts of these parameters prior
to launch are not severe,

Calculations which require high iteration rates by the computer and which might,
therefore, be impeded by low computer solution rates are: a) the integration of vehicle
acceleration due to variations in thrust direction (if any) ; b) the double integration

of the resulting acceleration vector to velocity and position; c) the generation of
attitude error signals; d) the precise determination of engine cutoff commands., High
iteration rates are required for the steering loop, if the guidance system is to provide
the basic vehicle attitude error information to the autopilot during powered flight
(i.e., if there are no independent attitude reference sources, such as integrating
rate gyros in the autopilot during powered flight) .
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The parameters describing the interplanetary transfer orbit (hence, also those
describing the associated hyperbolic paths) change continuously with respect to the
guidance platform coordinate system prior to launch. In order to avoid continual
updating of the guidance parameters with every change of launch time (escpecially in the
systems on the service vehicles) from the control room of the crew vehicle, it is
desirable to develop guidance equations whose parameters and equation-form are as
much independent of time as possible; i.e., to express only a minimum number of
quantities in terms of launch time (these alone would then have to be changed if the
launch time is changed) and then calculate the other guidance parameters explicitly
from these launch time dependent parameters, For instance, for interplanetary
missions, it is possible to express in platform coordinates the three components of
the hyperbolic excess velocity vector Vo in terms of the launch time, measured from
a reference time t . All other guidance parameters are then computed explicitly
from this quantity and from the vehicle velocity and position measured in the platform
coordinate system. The components of ¥., can be computed as functions of launch
time in the computer by expressing them in polynomial form., During the injection
phase into the hyperbolic escape orbit for a Mars mission, for example, the following
computation must be performed:

v = vehicle velocity vector

V., = hyperbolic excess velocity vector

GR = velocity vector which, together with ¥, defines the escape hyperbola with
the specified \'r’w for every point along the powered flight path (required
velocity)

r = vehicle position vector

v., is the basic guidance vector and is given in terms of magnitude VR, radial compo-
nent VRr and a component orthogonal to the required orbital plane, VRw = 0.

2_- - , 2K
VR -—Vm Vm T
K VALV ) (@ V)tV @ v )
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The expression for VRr is an approximation to the radial component of the required
velocity which converges to the exact value as the vehicle approaches cutoff, The
outline of the computation is presented in Table 6-3.

Table 6-3. Computation Sequence During Powered Departure
Mode for a Mars Mission

For cutoff: Compare the magnitude of the vehicle velocity € (cutoff parameter) to
the magnitude of the required velocity:

m
i
<
}
<
<

Generate desired steering attitude vector from the radial and crossrange velocity
errors:

The desired vector now follows from

f=f 10 +f 1 +f 1
a a wv W rr

where the subscript a stands for azimuthal (circumferential) components and where

ﬂa = iw xir (computed only once at the beginning of the thrust period)

fa = constant

fw = fw (&g €

fr = fr (Er’ €)
fw and fr are made functions of the cutoff parameter ¢, so that they may be modified
to prevent excessive maneuvering during powered flight, The desired attitude vector
f is the steering output from the computer and is computed in the platform coordinate

system, This vector can then be transformed to vehicle coordinates by the resolver
chain and forms the attitude error signals for the autopilot.

Analogous considerations apply to all other powered phases during the mission,
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A planetary departure involves two injection processes, from rendezvous orbit into
planetocentric hyperbola and from there into the heliocentric orbit. Conversely, a
capture process involved injection from heliocentric orbit into planetocentric hyperbola
and from there into the capture orbit. The sooner a correction is made following
injection, the more economic, in terms of propellant consumption, will it be; but
greater is the uncertainty that the correction was adequate. Causes of errors fall

into three groups:

a. Uncertainty of masses and orbital elements of the celestial bodies involved.

b. Equipment inaccuracies during powered flight (e.g., accelerometer bias, etc.)
and during thrust determination.

c. Uncertainties in the determination of the vehicle orbit proper.
Causes in group a are diminishing rapidly. The accuracy of the astronomical unit has

been improved by two orders of magnitude, Evaluation of the Mariner 2 experiment
will lead to improved knowledge of the mass of Venus,

Equipment inaccuracies are unavoidable. On the basis of JPL studies reported in
Reference 6-15, typical root mean square (rms) variations in injection conditions are

velocity, magnitude 1.22 m/sec
velocity vector orientation 2 milliradians
altitude variation 1 km

On the basis of these tolerances, Reference 6-14 estimates that the midcourse
correction maneuver during heliocentric transfer would require an impulsive velocity
change of the order of 60 m/sec (~200 ft/sec). Since the above variations in injection
conditions will probably be improved by the time an EMPIRE convoy is launched
(particularly the velocity vector orientation), this corrective velocity requirement may
be regarded to be conservative. Nevertheless, in the preliminary performance
specification of the convoy ships (cf, Section 7) an impulsive velocity change of 305
m/sec (1000 ft/sec) was set aside, since the following considerations were incfuded:

a) corrective maneuvering of individual convoy vehicles relative to the lead (or
reference) vehicle; b) losses due to chilldown, if cryogenic propellants are employed;
¢) midcourse maneuver in the hyperbolic departure orbit, at entry into the target
planet's activity sphere and in the hyperbolic approach orbit to the target planet are
included; and, finally, (d) special requirements not only for accuracy in capture
distance but also in the capture orbit plane might impose larger midcourse energy
requirements which remain to be investigated., Therefore, it is believed that a higher
equivalent corrective velocity change should, at this point of the study, be realistically
regarded as representative for each leg of the manned capture mission,
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SECTION 7
PERFORMANCE ANALYSIS
7.1 INTRODUCTION. The performance analysis conducted during the study period

was entirely based on a patched conic approach with the "surface" of the planet's
activity sphere of radius

2
m \ 5
_ pey - -
Tact = Ry <m o> (7-1)

separating the planetocentric conic from the heliocentric conic. The radii of the
relevant planetary activity spheres are listed, in various units, in Table 7-1.

Table 7-1. Radius of the Activity Spheres
of Venus, Earth and Mars

RADIUS VENUS EARTH MARS
Kilometers 610,000 920,000 580, 000
Nautical miles 332,160 498,765 311,627
Planet radii 99.2 144.9 174.4
Astronomical units 0.00408 0.00615 0.00388

7.2 DEFINITION OF WEIGHTS AND MASS RATIOS. An interplanetary round-trip
mission 18 & very complex combination of large and small powered maneuvers, of
stagings and various other weight changes of larger or smaller magnitude. Therefore,
it is necessary to first establish one or several performance-related mission models
which contain the principal events and can be refined in further studies, Three mis-
sion models are shown in Figures 7-1 through 7-3. Figure 7-1 represents a capture
mission with four main maneuvers: M-1, Earth escape; M-2, target planet capture;
M-3, target planet escape; and M-4, Earth capture. Figure 7-2 shows the same
mission, but with a heliocentric plane change maneuver in the outgoing transfer orbit.
Figure 7-3 shows a fly-by mission with one powered maneuver during the hyperbolic
encounter,
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The principal performance-related events during the capture mission with four
principal maneuvers are listed in Table 7-2. The associated weights (or weight
losses) are grouped as follows:

Principal Weights

W_ =weight in satellite orbit (of Earth or target planet)

S
w A ignition weight
WB = burnout weight
w c = transfer coast weight

WE = Earth entry weight

Principal Weight Eliminations

W_ = useful propellant weight consumed during a given powered maneuver
Wb = wet inert weight of propulsion unit jettisoned following the given maneuver

W, =weight consumed or jettisoned during coast or capture periods and prior to
powered maneuvers (i.e., weight eliminated between the principal powered
maneuvers) .

Principal Subscripts
1 = first maneuver (M-1); initial satellite orbit weight; initial outbound coast
weight
12 = between maneuvers M-1 and M-2

2 = terminal outbound coast weight; second maneuver (M-2); initial weight in
capture satellite orbit

23 = between maneuvers M-2 and M-3

3 = terminal weight in capture satellite orbit; third maneuver (M-3); initial
return coast weight

34 =between M-3 and M-4
4 = terminal return coast weight; fourth maneuver (M-4)

5 = final correction maneuver (M-5) prior to Earth entry
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Table 7-2,

Principal Events in Capture Mission
Depicted in Figure 7-1

Weight of vehicle fully assembled in satellite orbit (initial weight)
Weight consumed prior to launch

Weight, following mission readiness test, at ignition
(launch weight)

Burnout weight following M-1
Propellant weight consumed during M-1

Wet inert weight of vehicle section (escape booster)
staged following M-1

Weight at the beginning of coast (initial outbound coast weight)

Weight consumed or jettisoned during planetocentric coast
and heliocentric coast, including weight consumed for
correction or spin and de-spin maneuvers, boiloff losses etc.

Weight at termination of transfer coast, at the beginning of
preparations for the M-2 maneuver (terminal outbound coast

- weight

Weight eliminated in preparation of capture maneuver M-2;
"house cleaning'', i.e., jettisoning of all items no longer needed
at the end of the outbound coast.
ensure that no unnecessary weight is accelerated

M-2 ignition weight

M-2 burnout weight

M-2 useful propellant weight

Wet inert weight (M-2 propulsion unit) staged following M-2

Weight at beginning of capture period in target planet satellite
orbit (initial capture weight)

Weight consumed or jettisoned during capture period, including
propellant consumed for whatever adjustment maneuvers are

necessary

Weight at termination of capture period (terminal capture weight)

House cleaning in preparation of M-3

This measure is taken to

WSl

j12

Cc2

£ & £ _E

€

B1

B2



Table 7-2, Principal Events in Capture Mission
Depicted in Figure 7-1 (Continuer)

M-3 iguition weight
M-3 burnout weight
M-3 useful propellant weight

Wet inert weight (M-3 propulsion unit) staged following M-3
Weight at beginning of coast (initial return coast weight)

Weight consumed or jettisoned during planetocentric and

heliocentric coast, including weight consumed for correction,

or spin and de-spin maneuvers, boiloff losses, etc.

Weight at termination of transfer coast, at the beginning of
preparations for the M-4 maneuver (terminal return coast
weight)

House cleaning in preparation of M-4, including jettisoning
of the entire LSS except the EEM

M-4 ignition weight

‘M-4 burnout weight

M-4 useful propellant weight

Wet inert weight (M~4 propulsion unit) staged following M-4

Ignition weight for correction maneuver M-5 prior tQ Earth
entry

M-5 burnout weight

Wet inert weight jettisoned following M-5 and prior to Earth
entry

Initial Earth Entry Module (EEM) weight

Terminal EEM weight (terminal mission weight)

=

AOK63-0001

Payload definitions are listed in Table 7-3. Principal events in the capture mission

depicted in Figure 7-2 are listed in Table 7-4.
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Table 7-3. Payload Definitions

W)\ = payload weight

W>\ 1 ° payload of escape booster (the planet ship of nominal initial weight W c 1)
)\ =W Cl/W AL Earth departure payload ratio

W>\ 9 = payload of M-2 propulsion unit

X W /W = capture payload ratio

W)\ = payload of M-3 propulsion unit

X 3 W /W = target planet departure payload ratio

W)\ = payload of M-4 propulsion unit

>\ W /W AL = Earth capture payload ratio

Table 7-4, Principal Events in Capture Mission
Depicted in Figure 7-2

Sequence of events and weight designations are the same as in the mission of Figure
7-1 with the exception of a heliocentric plane change maneuver. If the plane change
occurs during the outgoing transfer coast:

Weight consumed or jettisoned while coasting to the heliocentric

maneuver point Wj 1H
Ignition weight for heliocentric maneuver w AH
Burnout weight (or cutoff weight) at termination of heliocentric
w
maneuver BH
Weight consumed during remaining portion of outgoing coast WjH 9

Designations are altered correspondingly if heliocentric maneuver occurs during
return transfer coast, :

For each main maneuver it holds that A+ b+ A =1, (7-2)

Where ) is the payload fraction of the given stage (cf. Table 7-2), b the wet inert
weight fraction and A the useful propellant fraction of the given stage,

NN
'WA _x(

T N L4 -
-1 +1=1-(1 u) 1-- (7-3)

==



AOK63-0001

Wa"%B 1-x g -1
b= = =— (7-4)
A 7
W
A= _P _u -1
=5 =
A H
wp
XEW+W (7-5)
b p

is the mass fraction of the given stage and

w w Av. /g
us——A=1+—P— = exp id = exp T (7-6)
w W, +W I I
B X b sp sp

is the mass ratio based on the ideal velocity change, Avq (i.e., actual velocity
change plus velocity losses), of the given stage and

Wp = useful propellant weight of the given stage,

W)\ = payload weight of the given stage,

Wb = wet inert weight of the given stage, and
T = Avid/g. (7-7)

Burnout (or cutoff) weight of the stage is

Wh=W +W . (7-8)

Initial weight
W, =W_+W ,
p

A "B (7-9)

The mission payload ratio is defined as

w
N = AS _ H4 A or A4 3
n=

L *a W —1}1 X, (7-10)

for capture or fly-by missions, respectively,
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The mission mass ratio is defined as

Biot TH1 Hig o Hog g Hgy "y Hy (7-11)
for the capture mission with four main maneuvers, as
= ‘ . . . . . . L] L] L -
Piot H1 Hig Hu Fra Ha Hog Ha Haa e ¥s (7-12)
for the capture mission with heliocentric plane change maneuver, and as
/ 4 4 ’ / Il
Biot “Hq  Hig " Hg Bag Mg By (7-13)
for the fly-by mission,
For the principal maneuvers u {, 7 2’, 7 :;, Y ‘1, it holds (n=1,2, 3, 4) that
4 = . 3 3 P -
FaTHn Fo  Heoorr " e (7-14)
Where
po= eTn/ISP,n (7-15)

n
is the mass ratio based on the ideal velocity change during the maneuver,

p . = equivalent mass ratio due to losses (residuals, boiloff losses, make-up
for expected leakage losses, contingencies, etc.),
U corr = equivalent mass ratio for navigational corrections, and
i, = equivalent mass ratio for plane change maneuver(s) in the capture
orbit or prior to departure.

Generally, T is the mass ratio for which the tanks of the particular propulsion section
are laid out. Not all propulsion sections are determined by Equation 7-14. For
example, for the escape booster it holds

ST (7-16)

Correction manuevers are normally charged to the propulsion section associated
with the main maneuver following the coast period during which navigational correction
maneuvers are carried out. This presupposes that it is desirable or feasible to
start the particular main engines for such a comparatively small maneuver as a
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navigational correction. Where this is not the case, the correction maneuvers must
be charged to another propulsion system and do not appear in the main propulsion
section that is to operate at the termination of the coast period in which the correction
maneuvers took place, The value of u pl will generally affect only the layout of the
M-3 propulsion section,

It should be noted that the mass ratio (u ') based on the actual velocity charge does
not necessarily represent one single maneuver, but may be the product of several
maneuvers. For example, target planet departure may consist of several separate
maneuvers, as is shown below in connection with elliptic capture orbits. In this case,

Bg=p . (7-17)

3.1 H3.2 H3.3°

In addition, there are mass ratios associated with a number of smaller maneuvers
such as spin and de-spin (u sp) and intra-convoy maneuvers (u icm) by which the path
of convoy vehicles is adjusted relative to that of the lead or reference vehicle, These
will be carried out by small auxiliary engine systems and are not charged to the main
systems, unless one propellant component (e.g., the hydrogen) is drawn from the
main tank of a given propulsion section,

Launch abort energy requirements (u ghort) are charged to méij“:spin/de—spin propulsion
section. This section is laid out for the higher energy requirement. If the launch

abort energy requirement is the determining factor, provisions are made to jettison
tanks containing excess propellants after a successful launch and prior to the subsequent
main maneuver, o

7.3 ESCAPE AND CAPTURE MANEUVERS. The relative orbital energy is defined
by the relation

€ =- (7-18)

wheren =r A/rp, the ratio of apoapsis to periapsis distance., Thus, for a circular
orbit, € = -1 and for a parabolic orbit, ¢ = 0. The value of ¢ is always negative,
02 € 2 -1, This concept of the relative orbital energy provides correlations
between ellipticity of the capture orbit

(7-19)

periapsis velocity

K -
v - /(2”)}.; - J(ead) X (720

7-11
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and numerical eccentricity

e=1+c¢ (7-21)
which are convenient for capture calculations., The term K in Equation 7-20 designates
the gravitational parameter (K = gr2) of the central force field in question. Figure 7-4
shows the correlation between n and ¢.
For thrust accelerations approximately equal to or higher than the surrounding gravi-
tational acceleration, the concept of impulsive velocity changes provides a good initial

approximation. Thus, the well-known relation for impulsive velocity for escape from,
or capture into, a circular planetocentric orbit at distance r is, for a given v,

2K 2 K
= —— 4 - ——— -
fr v, - (7-22)

Or, in terms of v,

%
2 ’
Avo Av* _ 1+ 1 K 1 K (7-23)
Voo Ve 9 T Vo r

where the asterisk indicates that Earth mean orbital speed (EMOS) is used as unit.
More generally, Equation 7-23 can be written in the form

)

* 2K/I‘
av _ . L (1-24)
Voo 9 r/r

where r is the radius of the planet in question and r is the radius or the periapsis
distance of the capture orbit.

Equations 7-23 and 7-24 provide a convenient correlation between v: (as it follows
from the heliocentric mission calculations) , the capture impulse, and the capture
distance in units of the planet's radius. Figures 7-5 through 7-8 provide graphs for
rapid determination of Av* for, respectively, Earth escape, Venus capture or escape,
Mars capture or escape--all with respect to circular planetocentric orbits--and for
Earth capture to slightly subparabolic velocity (¢ = -0.04).

The thrust/weight ratio is based on expected thrust values of the nuclear or chemical
engines involved. For various finite values of (F/W)o the powered escape flight path
was determined on the electronic computer using, for the sake of simplicity, the well-
known equations for powered flight at tangential thrust in a central force field rather

7-12
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than optimized thrust direction. A large variety of thrust-to-weight ratios, of specific
impulses, and of relative orbital energies was used in these computations. The resulting
value of mass ratio and powered flight time were plotted against the hyperbolic excess

to provide an immediate correlation between the mission map data and the performance
data. A number of results are plotted in Figures 7-9 through 7-65, which have been
grouped at the end of this section (pages 7-59 through 7-115). In order to facilitate

the use of these charts, a survey is presented in Table 7-5,

For capture, the powered flight phase slows the vehicle down to the planetocentric
velocity

v=J @2+ ¢ ri{y (7-25)

In the case of Venus and Mars, this terminal velocity was attained at horizontal flight
direction at the prescribed altitude and for ¢ = ~1. In the case of Earth, terminal
velocity (i.e., burnout) of the near-parabolic orbit (¢ = -0,04) was placed at a 1000~
km altitude. The burnout angle was determined by the requirement that the osculating
orbit entered at the cut-off point should have a perigee altitude of 60 km, if it were
unperturbed by drag. In all cases of capture, the powered flight path was computed
backward from the fixed burnout conditions to a wide range of hyperbolic excess velo-
cities, using tangential thrust for reasons of simplicity. Since, for capture, the
burnout thrust/weight ratio (F/W); was fixed, the initial acceleration was thus obtained
as a function of the hyperbolic excess velocity,

During the initial phase of the study (Mariner II information not yet available), the
possibility of a strong circum-Venusian radiation belt was considered more probable
and therefore two capture conditions were studied for Venus. One capture orbit was
close to the Venus surface, the other was outside a hypothetical radiation belt at a
capture distance of 20 Venus radii (128, 000 km) . Since the latter case requires some-
what more energy in most cases than capture at close Venus distance (cf. Figure 7-6),
the values for capture to and escape from 128, 000 km distance from Venus are pre-
sented in the charts. For Mars, a distance of 1.3 radii, corresponding to an altitude
of about 1000 km, was selected,

The mass ratio required for the main maneuver can therewith be computed on the
basis of Figures 7-5 through 7-8 or with the aid of Figures 7-9 through 7-65, either
directly or by interpolation, Nuclear propulsion systems were assumed in all charts,
except for the Earth capture maneuver, where nuclear and chemical systems are
covered.
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Figures 7-9 through 7-65
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FIGURE MANEUVER (F/W) € Igp (SEC)
7-9 Earth escape (F/W)0 =0,3 -1.0 829, 836, 843, 850
7-10 Earth escape 0.4 -1.0 829, 836, 843, 850
7-11 Earth escape 0.5 -1,0 829, 836, 843, 850
7-12 Venus capture (F/W)1 =0.2 -1.0 820, 860, 900
7-13 (128,000 km = 20 r ) 0.2 -0.9 820, 860, 900
7-14 (128, 000 km = 20 ro :: ) 0.2 -0.8 820, 860, 900
7-15 (128, 000 km = 20 r0 ’ 9 ) 0.2 -0,7 820, 860, 900
7-16 (128,000 km =20 r ) 0.4 -1.0 820, 860, 900
7-17 (128, 000 km = 20 r0 :3 ) 0.4 -0.9 820, 860, 900
7-18 (128, 000 km = 20 ro , 9 ) 0.4 -0.8 820, 860, 900
7-19 (128, 000 km = 20 r0 ’ 9 ) 0.4 -0.7 820, 860, 900
7-20 (128,000 km = 20 r‘J ’ 9 ) 0.8 -1.0 820, 860, 900
7-21 (128, 000 km = 20 r , 9 ) 0.8 -0.9 820, 860, 900
7-22 (128,000 km = 20 ro , Q ) 0.8 -0.8 820, 860, 900
7-23 (128,000 km = 20 roo, Q ) 0.8 -0.7 820, 860, 900
7-24 Venus escape (F/W)o= 0.2 -1.0 820, 860, 900
7-25 (128,000 km = 20 r0 ’ Q ) 0.2 -0.9 820, 860, 900
7-26 (128, 000 km = 20 ro , 9 ) 0.2 -0.8 820, 860, 900
7-27 (128, 000 km = 20 roo,Q ) 0.2 -0.7 820, 860, 900
7-28 (128, 000 km = 20 ro , 9 ) 0.4 -1.0 820, 860, 900
7-29 (128, 000 km = 20 ro ’ 9 ) 0.4 -0.9 820, 860, 900
7-30 (128, 000 km = 20 ro ’Q ) 0.4 -0.8 820, 860, 900
7-31 (128, 000 km = 20 r ,9) 0.4 -0.7 820, 860, 900
7-32 (128, 000 km = 20 r, .0 ) 0.8 -1.0 820, 860, 900
7-33 (128, 000 km = 20 roo,g ) 0.8 -0.9 820, 860, 900
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Table 7-5. Survey of Powered Maneuver Charts,

Figures 7-9 through 7-65 (Continued)

FIGURE MANEUVER (F/W) € Iyp (SEC)
7-34 (128, 000 km = 20 T (F/W)0 =0.8 -0.8 820, 860, 900
7-35 (128,000 km = 20 r __ 0.8 -0.7 820, 860, 900
7-36 Mars capture (F/W)1 =0.2 -1.0 820, 860, 900

- . .2 =V, 2 ’ )
7-37 (1.3 roo,d') 0 0.8 820, 860, 900
7-38 (L.3r__ ) 0.2 -0.6 820, 860, 900

00,

- . 0.2 -0. 20, 860,
7-39 (13r00’3) 0.4 820, 860, 900
7-40 1.3 0.4 -1.0 820, 860, 90

( roo’J) 1 8 0, 900
7-41 1.3 0.4 -0.8 820, 860,
( roo,d') 0, 900
7-42 (1.3r (3') 0.4 -0.6 820, 860, 900
00, -
7-4 1.3 0.4 -0.4 820, 860, 900
3 ( roo,d‘)
7-44 (1.3 r 6‘) 1.2  -1.0 820, 860, 900
00,
[-45 (L.3r__ 2 1.2 -0.8 820, 860, 900
00,
7-4 .3 1.2 -0.6 820, 860, 900
6 (1 roo,d‘)
7-47 (L.3r_ ) 1.2 -0.4 820, 860, 900
00,
7-48 Mars escape (F/W)o =0,2 -1.0 820, 860, 900

- . 0.2 -0.8 820, 860, 900
7-49 (1.3 roo,8‘)

- . 0.2 -0.6 820, 860, 900
7-50 (1.3 roo,oﬂ)

-5 .3 0.2 -0.4 820, 860, 900
7-51 Q roo’oﬂ)

7-52 1.3r 0.4 -1.0 820, 860, 900
( OO,(?)

- .3 0.4 -0.8 820, 860, 900
7-53 (1 roo’&)

-5 1.3r 0.4 -0.6 820, 860, 900
7-54 ( 00,6\)

- . 0.4 -0.4 820, 860, 900
7-55 (1.3 roo,(;\)

- 0.8 -1.0 820, 860, 900
7-56 (1.3 roo,o’)

- 1.3 0.8 -0.8 820, 860, 900
7-57 ( roo,d‘)

- . 0.8 -0.6 820, 860, 900
7-58 (1.3 roo,cf‘)

-5 1.3r 0.8 -0.4 820, €60, 900
7-59 ( oo,d‘)
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Table 7-5. Survey of Powered Maneuver Charts,
Figures 7-9 through 7-65, (Continued)

FIGURE MANEUVER (F/W) € Igp (SEC)
7-60 Earth capture (F/W)1 =0.,3 -0.04 820, 860, 900
7-61 (e = -0.04) 0.4 -0.04 820, 860, 900
7-62 (€ = -0.04) 0.8 -0.04 820, 860, 900
7-63 (e = -0.04) 3.0 -0.04 440, 460, 480
7-64 (€ = -0.04) 4.0 -0.04 440, 460, 480
7-65 (e = -0.04) 5.0 -0.04 440, 460, 480

If computed on the basis of Figures 7-5 through 7-8, the implication that velocity
change is impulsive (i.e., low gravitational losses) must be reasonably well ful-
filled. For example, the initial thrust-to-weight ratio should be at least 0,3 (in local
g's at the departure point) if 0.1 < v; < 0.4; for larger v: , the minimum initial
thrust-to-weight ratio should be higher if it is to qualify for approximation as an
impulsive maneuver. Requirements for specific cases can easily be established by
comparing the mass ratios as functions of initial thrust/weight ratio. For capture
maneuvers the initial thrust/weight ratio follows from (F/W)1 x u . The mass ratio
is given by

Av: ® aV:n
u_ = exp(— = (n=1,2,3,4) (7-26)
Vcon €00 sp,n

Where Av*/v: follows from Figures 7-5 through 7-8 for the desired circular capture
distance, v:, follows from the selected mission profile, Earth mean orbital speed,
Ug g i8 listed in Table 2-1 and g, is the Earth-based mass-force conversion factor.

Even if near-impulsive conditions are not given, Figures 7-5 through 7-8 are useful
for comparative purposes.

If Figures 7-9 through 7-65 are used, the mass ratio contains, of course, the gravi-
tational losses. The corresponding ideal velocity, characterizing the particular

maneuver, is

AVid,n - goo Isp,n fn Ha (n=1,2,3,4) (1-27)
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If it is desired to estimate the effect of a different specific impulse than those associated
with the curves shown, the following relation can be used for the difference in burning
time:

For escape
K/a
o]
t 1 -exp\- I
1 spl goo spl
i (7-28)
2 sp2 oxp n/ K/ag
I
goo sp2
and for capture
K/a1
exp - -1
t
_1_ _spl fo0 sp1 (7-29)
: -
t2 sp 2 exp f\/ K/al -1
goo sp 2

where K is the gravitational parameter of the respective planetocentric field, and a
and a; are the semi-major axes of the near-circular initial or terminal capture orbits,
respectively. From the new burning time, and the known mass flow rate, the new
mass ratio can be computed.

7.4 EQUIVALENT MASS RATIO FOR LOSSES AND CONTINGENCIES. To provide a
contingency for losses until a more refined analysis is made, the following mass ratio
equivalents for losses were assumed for maneuvers M-1 through M-4. Roughly,

Bo= 1.005, 1.01, 1,02, 1.025 and 1. 03, corresponds to losses of 0.5, 1, 2, 2.5 and
3 percent of useful propellant in the tank systems associated with each of these maneu-
vers. Because the vehicles are assumed to be equipped with a hydrogen re-liquefaction
capability, the assumptions for the M-2, M-3 and M-4 tanks appear to be conservative
(aside from possible losses due to meteorite damage) since, in the case of a convoy
vehicle equipped with a metal-carbide reactor which is started repeatedly, even the
post-cutoff cooling hydrogen for the engine is not lost but is planned to be recycled into
the nearest loaded hydrogen tank whose heat capacity acts as buffer for the liquefaction
unit,

The velocity equivalent of these mass ratios depends on the specific impulse. Figure
7-66 correlates u with 'r/Isp where 7 = Av;4/80 18 correlated with Av; (in m/sec or
ft/sec) in Figure 7-67. For mass ratios of less than 1,03 it is, with good accuracy,
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T = u-1. For a nuclear vehicle with I, =846 secand I, o = I3 = Igh4 = 900 sec,
the above values of y ¢ correspond to a total velocity loss of 807 m}) sec (2650 ft/sec) .
For a chemo-nuclear vehicle with Iy, ¢ = Igp 2 = 846 sec, Igpg = 820 sec, and Igpy =
455 sec, the total equivalent velocity loss is 623 m/sec (2050 ft/sec). These velocities
correspond to two to three percent of the total mission velocity.

7.5 MASS RATIO FOR NAVIGATIONAL CORRECTIONS. Pending a more accurate
computation of navigational requirements for specific missions, a total velocity of

305 m/sec (1000 ft/sec) has been set aside for all navigational path corrections during
the mission., This includes, primarily, navigational corrections during outbound and
return transfer (approximately 100 m/sec each) and post-cutoff corrections in the
capture orbit. Not included are propellant expenditures for potential plane changes in
the capture orbit. These are covered by u ¢ (discussed below). The velocity mentioned
above corresponds to a mass ratio of 1. 035 for Igp = 900 sec and to y gopy = 1.071 for
455 sec. The velocity change set aside for path-correction maneuvers corresponds

to 1.2 to 1.5 percent of the total mission velocity.

7.6 MASS RATIO FOR PLANE CHANGES IN THE SATELLITE ORBIT. To establish
a given inclination of the heliocentric transfer orbit plane with respect to the Planet's
orbit plane, first consider the orbit plane of the planet, of which the space ship is a
satellite, as the reference plane. Let B be the planar intersection angle of the helio-
centric departure vector V with the planet's velocity vector U, and let iy be the
inclination of the heliocentric transfer orbit (Figure 7-68a). The associated hyper -
bolic excess velocity is

2 2
vw=/U +V —2UVcosﬁcossit (7-30)

In order to assure correct magnitude of the hyperbolic excess velocity, a departure
velocity

v.= [ vi+v (7-31)

must be attained (vp is the local parabolic velocity) . To assure correct orientation
of the hyperbolic excess vector, vi must originate at a particular true anomaly in
the satellite orbit whose plane must be properly oriented (Figure 7-68b). If the
plane deviated by an angle 6, there would be only two points (a' and a 180°-opposite
point) where the effect of § would not be noticeable. These points are 90 degrees off
the nodal line along which the correctly and the incorrectly oriented orbits intersect.
It is very improbable that these points are at the correct true anomaly. As a result,
wrong orientation of the satellite orbit plane and departure at the wrong true anomaly
will cause g and i; to change. It can be assumed that departure at the correct true
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Z S ACTUAL ORBIT PLANE

PLANETOCENTRIC LAUNCH POINT
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Figure 7-68. Nomenclature for the Analysis of Plane Change
Requirements at Planet Departure
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anomaly can be achieved with high accuracy. It is, however, less certain that the
satellite orbit plane is correctly oriented. This is true not only for the Earth launch
orbit, but particularly for the target planet capture orbit.

Now consider the instantaneous satellite orbit plane as the reference plane, and the
associated values of § and i; as reference values. Then, if the orbit plane orientation
is in error, B and i ¢ (or either one of them alone) are incorrect if the space ship is
launched in the plane of the satellite orbit. Therefore, the instantaneous plane of the
satellite orbit must be changed during departure to coincide with the correct plane of
the satellite orbit, which is the plane in which the departure hyperbola lies (Figure
7-68c). The resulting departure impulse is

av. = vZivZ_oov v s AL 7-32)
1 0o Yy 0'1°° (7-32)

The actual velocity by which the vehicle's mass ratio is penalized, compared to
departure from the correct orbit plane (At = 0), is

2 2
= + - Lt - -
AAVL ,\/VO v1 2v0 v1 cos A (v1 vo)

(7-33)

Av_ - (AV)
1 1A1,=0

For a given value of At, the penalty decreases with decreasing v/v; (i.e., with
increasing v.) .

Equation 7-33 requires that At and vy be known, If (i ¢t) is the incorrect transfer
inclination (Figure 7-68d), and ¢ ' the associated satellite-orbit inclination with
respect to the planet's orbit plane, then

V sin (iy)

, = = -
tan ¢ = U - V cos (it) (7-34)

The correct transfer inclination may be (i + i). The resulting satellite orbit
inclination is

V sin (it + i)

tan (L’ + AL) = (7-35)

B U -Veos (i, « i)
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The corresponding values of v_ are

V-U
v). =
®'(iy) cos ¢
——— (7-36)
—tant| 22 EY ginl
v vy o @y
and
V-U
v) =
bt (lt + i) cos ¢
(7-37)
[J—UV ;
sm— (1 + i)
Thus, for the case of (i.t) s
Bbv) =v.-v
1 (ip) 1 0
(7-38)
v —Lz + (v 2)
1 p o (iy)
and for the case of (it £ i)
(Av.) = v2+v2 2v_v_cos At
1 (g + i) 0 1 01
(7-39)

Therewith AAvV , can be found from Equation 7-33.

The velocity associated with a change in the transfer plane can be found by the angle

in a more direct manner, without determining At. Again using the transfer inclination
obtained by launching in the instantaneous satellite orbit plane as the reference value,
and i as the transfer plane change which requires non-planar launch from the satellite
orbit, the velocity increment due to plane change i is
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2
av’ = '\/Vp* +U"‘2 +V*2 -2 U*V* cos 8 cos i

_ J v 2 U2+ V¥ - 20 cos g (7-40)

< v *2 p %2 v ¥ 4 [ %2
p 2 p 39 .
i=0

The value Avi* has been computed for Earth, Venus and Mars for a large number of
conditions (Figures 7-69 through 7-88 located at the end of Section 7). These graphs
can be used to rapidly determine the amount of plane change which a given Avi* buys.
For example, on 12-24-1975, the Mars departure conditions for Ty = 220 d are:

V; = 0.7182 and B, = -15.54".

For these values, Figure 7-85 shows that for Avi* = 0,05 (Avj ~ 1.64 km/sec = 5000
ft/sec) the capture orbit plane could be allowed to be off by as much as 23° from its
correct position, The effect of the heliocentric departure velocity V’g on this value

is small for otherwise similar conditions. For a high-altitude orbit about Venus
(Figure 7-71), the same velocity yields a smaller tolerance (i ~ 11° for 8 ~ 15° ; but,
here again, this value is fairly characteristic for practical variations of V}. Without
pre-judging, at this point, the significance of the guidance aspects involved, a velocity
change of 1.64 km/sec (5000 ft/sec) has tentatively been allowed for plane-change
maneuvers in the capture orbits around Venus and Mars. These velocity changes
correspond to the mass ratios

U =1,202 for I = 846 sec
pL sp

1.21 for I = 820 sec.
sp

7.7 MASS RATIOS FOR MISSION WINDOWS EARTH-VENUS 1973-1 AND EARTH-
MARS 1973-1, 1973-2, 1973-3 AND 1975-1. With the previously defined mass ratios,
the mass ratios for the four main maneuvers (determining the fuel tank layout for the
individual propulsion sections) were obtained and are listed in Tables 7-6 through
7-10. A shortened version of these tables appears in Section 6.
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Table 7-6. Earth - Venus Mission Window 1973-1

Earth Departure Window

Arrive Venus

Transfer Periods

Venus Departure Window
Transfer Periods

Maximum Capture Period, Tcpt
Mission Periods

10-25-73 through 11-16-73

2-17-74

1152T,293d

2-17-74 through 3-25-74

244 ST, <280d

36 d

115 + 36 + 280 = 431 (Maximum)

93 + 36 + 280 = 409 (Min, for Max, Tepy)

115 (93) + 30 + 269 = 441 (392) d
115 (93) + 20 + 259 = 394 (372) d
115 (93) + 10 + 244 = 369 (347) d

Perihelion Distances: Outgoing T. O.: No perihelion transits

Return T. O.: Rp > 0.7
TOTAL

MANEUVER| M-1 M-2 M-3 M-4 {MISSION)

v 0.13 0.21 0.18 0.29 0.81

-1.0 -1.0 -1,0 -0,04

F/W 0.3 0.2 0.8 0.4 0.8 0.8 |(3.0

Isp 846 900 846 900 820 900 455

Av (km/sec)| 3,85 4,79 | 4.7 4.16 .3. 78 3.37 ) 3.25 16.17 | 15.58

(ft/sec) 12,600 | 15,700{15,400 | 13,630{12,400 | 11,070({10,660 | 53,000{51, 060

73 1.59 1.721} 1.76 1.6 1.6 1.43 | 2,02 6.261] 9.044

Hy 1.005 1.02 | 1.02 1.025| 1.025 1.03 { 1.03 1.0225|1.0225

B gorr 1.035 1.035{1.0712 | 1.0612|1.1470

Mg 1.19 | 1.21 1.19 [1.21

u' 1. 597 1.817f 1.795| 1.95 | 1,984 1.56 | 2.44 |8.827 [13.877

Nucl. Eng.

Reactor Graph, | Metal |Graph. | Metal |Graph. | Metal |(Oo/Hs)

Vehicle A1,By A2 B2 A3 B3 A 4 B 4 Atot Btot

7-30




Table 7-7.

Earth @ Mars Mission Window 1973-1
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Earth Departure Window

Arrive Mars

Transfer Periods
Mars Departure Window
Transfer Periods

Maximum Capture Period, T

Mission Periods

Perihelion Distances:

cpt

Outgoing T.O.:

2-17-73 through 3-7-73

9-25-73

220 2 T1 2 202
9-25-73 through 11-3-73
170 = T2 s 210d

39d

220 + 39 + 210 = 469 d (Maximum)

202 + 39 + 210 = 451 d (Min, for Max,
220 (202) + 30 + 203 = 453 (435) d
220 (202) + 20 + 196 = 436 (418) d
220 (202) + 10 + 191 = 421 (403) d

0.82s R_= 0,85

Tcpt)

Return T.O.: 0.9 >R > 0.835
TUTAL

MANEUVER| M-1 M-2 M-3 M-4 (MISSION)
v 0.20 0.29 0.29 0.29 1.07
€ -1.0 -1.0 -1.0 -0.04
F/W 0.3 0.08 | 0.3 0.1 | 0.4 0.8 |0.3
I 846 200 | 846 900 | 820 900 |455
Av (km/sec)| 4.78 | 7.54 | 7.06 | 6.63 | 6.70 | 3.37 |3.25 |22.32|21.79
(ft/sec) 15,710 | 24,760(23, 160 | 21,780/22,000 | 11,070/ 10,660 |73,320{71, 530
i 1.78 | 2.35 | 2.34 | 2.12 | 2.3 1.46 |2.07 |12.947]19.831
iy 1.005 | 1.01 | 1.01 | 1.015 1.015| 1.02 [1.02 |1.0509 1.0509
U 1.035 1.035/1.0712 | 1.0612] 1. 1470
corr
' 1.79 | 2.455| 2.361| 2.56 | 2,825 | 1.541{2.424 |17.336/28.940
Nucl, Eng.
Reactor Graph. | Metal |Graph. | Metal |Graph. | Metal |(O5/Hy)
Vehicle ALB |4, B, A, B, A, |B, A B
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Table 7-8. Earth 2 Mars Mission Window 1973-2

Earth Departure Window

Arrive Mars

Transfer Periods
Mars Departure Window
Transfer Periods
Maximum Capture Period, Tept
Mission Periods

Perihelion Distances: Outgoing T. O.:

5-18-73 through 6-17-73
11-4-73

1702 T; 2 150d
11-4-73 through 12-24-73
205 S T, < 223

50d

170 + 50 + 223 = 433 d (Maximum)

150 + 50 + 223 = 413 d (Min, for Max,

170 (150) + 40 + 222 = 432 (412) d
170 (150) + 30 + 219 = 419 (389) d
170 (150) + 20 + 216 = 406 (386) d
170 (150) + 10 + 211 = 391 (371) d

0.9< <1.,0

Tcpt)

Return T.O.: Depd' 12-24 12-14 12-4 11-24 11-14
R, 0.7 0.74 0.762 0.79  0.81
TOTAL
'MANEUVER| M-1 M-2 M-3 M-4 (MISSION)
Ve 0.24 0.24 0.3 0.4 1.18
€ -1.0 -1.0 -1.0 -0.04
F/W 0.3 0.08 | 0.3 0.1 | 0.4 0.8 [3.0
Isp 846 900 | 846 900 | 846 900 |455
Av (km/sec)| 5.54 | 6.12 | 5.75 | 7.83 | 7.01 | 5.97 |5.68 |25.46 {23.98
(ft/sec) 18, 150 | 20, 150|18,850| 25,700|24,000 | 19,600| 18,630 |83,600(79,630
p 1.94 | 2.0 | 2.0 2.36 | 2.32 | 1.96 |3.57  |18.040|32.301
By 1.005 | 1.01 | 1,01 | 1.015| 1.,015| 1.02 |1.02  |1.0509|1.0509
E corr 1.035 1.035{1.071% |1.06121.1470
M 1.19 | 1.21 1.19 |1.21
u 1.96 | 2.091| 2.02 | 2.85 | 2.85 | 2.075/4.181 |24.237/47.878
Nucl, Eng.
Reactor Graph. |Metal |Graph.| Metal |Graph. | Metal |(Oy/Hs)
Vehicle A{,B; [A; By Ay |Bg Ay |By Ayt |Biot
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Earth Departure Window

Arrive Mars

Transfer Periods
Mars Departure Window
Transfer Periods

Maximum Capture Period, T

Mission Periods:

cpt

6-6-73 through 7-6-73

12-3-73

180 2 T, 2 150 d
12-3-73 through 12-24-73
218 = Ty < 223 d

21d

180 + 21 + 223 = 424 d (Maximum)

150 + 21 + 223 = 394 d (Min. for Max. Tcpt)
180 (150) + 10 + 211.5 = 401.5 (371.5) d
Perihelion Distances: Outgoing T. O.: 0.9 < R_< 1.0
Return T. O.: Dep 07 12-24 12-14 12-4 11-24 11-14
Rp 0.7 0.74 0.762 0.79 0.81
TOTAL
MANEUVER| M-1 M-2 M-3 M-4 (MISSION)
v* 0.20 0.20 0.3 0.4 1.10
€ ~-1.0 ~1.0 -1.0 ~0.04
F/W 0.3 0.08 | 0.3 0.1 0.4 0.8 (3.0
Isp 846 900 846 900 846 900 1455
Av (km/sec)| 4.78 4.68 | 4,68 7.83 | 7.01 5,97 15.68 23.26 122,15
(ft/sec) 15,170 | 15,350/15, 350 25,700/24,000 | 19,600 18,630 |75,820{73, 150
M 1.78 1.7 1.7 2.36 | 2,32 1.96 |3.57 13.997] 25, 063
Ky 1.005 1,01 | 1,01 1.015 1.015 1,02 {1.02 1.0509] 1.0509
“ corr 1.035 1.0612 1. 1470
upl 1,19 ] 1.21 1.19 1.21
u ! 1.079 1.775) 1.717 2.85] 2,85 2.075/4, 181 11,326{ 22,076
Nucl. Eng.
Reactor Graph. [ Metal |Graph. | Metal Graph. | Metal | (Oy/Hj)
i A
Vehicle 1’ B 1 A2 32 A3 B3 A 4 B 4 Atot Btot
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Table 7-10. Earth = Mars Mission Window 1975-1

Earth Departure Window 3-9-75 through 3-29-75
Arrive Mars 11-4-75
Transfer Periods 2402 T, = 220d
Mars Departure Window 12-4-75 through 12-24-75
Transfer Periods 260 d
Maximum Capture Period, Tcpt 50 d
Mission Periods: 240 + 50 + 260 = 550 d (Maximum)
220 + 50 + 260 = 530 d (Min. at Max, Tcpt)
240 (220) + 30 + 260 = 530 (510) d
240 (220) + 10 + 260 = 510 (490) d
Perihelion Distances: Outgoing T.O.: 0.71= R < 0.82
Return T.O.: 0.79 2 R, = 0.71
TOTAL
MANEUVER| M-1 M-2 M-3 M-4 (MISSION)
vy 0.3705 0.1774 0.2082 0.3842 *1.1403
€ ~-1,0 -1.0 -1.0 -0, 04
F/W 0.3 0.08} 0.3 0.1 0.4 0.8 3.0
'Isp 846 900 | 846 900 | 820 900 | 455
AV (km/sec) 8.44 4,54 | 4.06 4,68 | 4.55 5.55 | 5.24 123,21 {22,29
(ft/sec) 27,700 |14,890(13,310} 15,000{14,950 | 18,200 17,200 {75,790|73, 160
“ 2,76 1,67 | 1.63 | 1.76 | 1.76 1.875] 3.23 15.210{ 25,575
Ko 1.005 1.01 | 1.01 1.015( 1.015 1.02 | 1.02 1. 0509 1. 0509
¥ corr 1.035 1.035 1.0712 | 1.0612{1. 1470
bt 1.19 | 1.21 1.19 |1.21
i) ! 2,774 1.746] 1.646 2,126f 2,162 1,979(3.778 20.378{37.295
Nucl. Eng.
Reactor Graph. |Metal |Graph.| Metal |Graph. | Metal |(Os/Ho)
Vehicle Al’ B1 A2 B2 A3 B3 A4 B4 Atot Btot




AOK63-0001

The mass ratios are given for two types of vehicles: Vehicle A consists of an escape
booster with a graphite reactor system, and a planetary ship with a metal reactor
engine of 30,000 to 50, 000 1b thrust and 900 sec specific impulse. Vehicle B consists
of the same escape booster and a planetary ship which is powered by graphite engines
for M-2 and M-3 and by a chemical engine for M-4. In the latter case corrections
are assumed to be made by the chemical system, yielding the comparatively large
value M oory = 1. 147.

It is of interest to note that the metal reactor, in a number of cases, does not yield

a lower mass ratio (#). This is because higher gravitational losses are accumulated
due to the comparatively low thrust/weight ratio and the fairly high values of v, These
losses nearly balance the gain due to higher specific impulse. Nevertheless, the

launch weight of vehicle A is significantly lower than that of vehicle B, because only

one comparatively light engine is needed for Maneuvers M-2, M-3, and M-4, in
contrast to vehicle B which requires a separate engine (of greater weight than the
metal-reactor engine) for each maneuver (cf. Section 8), A discussion of engine
selection is presented in the classified Addendum of this report.

7.8 MASS RATIOS FOR AUXILIARY MANEUVERS., Important auxiliary maneuvers
not specifically covered above are the spin-up and de-spin maneuvers, the intra-convoy
maneuvers by which the path of convoy vehicles is adjusted relative to that of the lead

. or reference vehicle, and terminal maneuver M-5,

The spin-up and de-spin propellant requirements depend on the vehicle configuration
(c.g. location) as well as its mass (both of which determine its moment of inertia),
and on the specific impulse. A preliminary determination of propellant weights is
presented in Section 11 (cf. Table 11-1) for a particular configuration (8M-14) which
is described and depicted in Section 8.

A determination of propellant requirements for intra-convoy maneuvers and for M-5
have not yet been made, but they are small enough to be considered within the general
accuracy tolerance of weight determinations at this point of the study.

7.9 HELIOCENTRIC PLANE CHANGE MANEUVER. Transfer orbits which involve
a plane change during heliocentric transfer have notbeen considered in this study.

Figures 7-69 through 7-88 present an estimate of the "cost" (Avi") of a heliocentric
plane change in the activity sphere of a planet. It is important to note that the larger
the angle § and the greater the difference between V* and U* (i.e., generally, the
faster the transfer orbit), the greater can be the plane change i for a given fraction
of v,.
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Generally, it is considerably more efficient to change the transfer orbit inclination
in a planetary activity sphere, rather than in heliocentric space, For example, a
Av;' = 0,05 expended during the departure maneuver from Earth, Venus, or Mars
"buys" a heliocentric plane change between 20 and 30 degrees in most cases; in
heliocentric space it buys a plane change of 4 to 7 degrees. However, if conditions
arise in which a planetocentric plane change is several times as large as the plane
change to be accomplished at a later point in the heliocentric transfer orbit, it can
become energetically more advantageous to carry out a plane change en route, This
is generally the case when, by the planetocentric maneuver, a transfer plane change
of more than 30 degrees is to be attained.

7-10. REDUCTION OF MISSION PERFORMANCE REQUIREMENTS. The mass ratios
for the missions presented in Tables 7-6 through 7-10 are based on capture in circular
orbits and comparatively long capture periods. As a result, the mass ratios (hence, the
orbital departure weight) are fairly high, considering the high specific impulses used.
Measures to reduce performance are discussed in Paragraphs 7-11 through 7-14.

Fly-by missions are a means of reducing the orbital departure weight. However, in
this case, important mission objectives, such as optional surface excursion and
certain aspects of planetary reconnaissance from orbit, must be sacrificed or
curtailed severely (cf. Table 5-3) . The stay time in the vicinity of the planet is

. réduced to a few hours (cf. Figures 6-44 and 6-45).

7.11 PLANAR HELIOCENTRIC MANEUVERS. One alternate heliocentric maneuver
should be mentioned. Conditionally, it can result in a reduction in the overall mission
energy. It is applicable to cases where a perihelion passage is involved (e.g., during
an Earth-Mars return, as illustrated in Figure 7-89). Such orbits may lead to large
intersection angles with the Earih orbit and result in correspondingly large v, values
(dashed line) . By a retro-maneuver during perihelion passage, the intersection

angle (6,) as well as the heliocentric arrival velocity (V4) are reduced, leading to

a rapid reduction in v4 (hence in the capture energy) or to a corresponding alleviation
of hyperbolic entry conditions.

This approach is only conditionally effective, for a number of reasons, First, a
penalty has to be paid in terms of a perihelion retro-maneuver, Heliocentric maneuvers
are easily (but not necessarily) more expensive than maneuvers in the planetary

activity sphere, and must always be approached with caution, Second, the maneuver,

as shown in Figure 7-89 is planar. In reality, the transfer orbits are always inclined,
Thus, unless the perihelion of the transfer orbit coincides with one of the nodes (i.e.,
lies in the Earth's ecliptic plane), the perihelion retro-maneuver must also include a
plane change to retain a rendezvous course with Earth. This additional requirement
could easily wipe out any savings which may be indicated on the basis of the planar
maneuver. Another factor is that the decision to carry out a perihelion retro-maneuver
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Figure 7-89., Perihelion Retro-Maneuver to Reduce Hyperbolic
Excess at Earth Return (Schematic)

must be made prior to leaving Mars, because, if the vehicle was on a rendezvous
course with Earth prior to the perihelion maneuver, it is unlikely to be on one follow-
ing the maneuver. Thus, if a perihelion maneuver is intended, the Mars departure
time must be changed so that the space ships will be on Earth-rendezvous course

after the maneuver., This change can affect (increase or decrease) the Mars departure
energy requirements.,

It is, therefore, not possible to definitely associate a mission energy reduction with a
perihelion retro-maneuver; but wherever return orbits of the type shown in Figure
7-89 are encountered with large Earth-orbit intersection angles, it is worthwhile to
investigate the merits of a perihelion retro-maneuver.

7.12 EFFECT OF ELIMINATION OF THE EARTH CAPTURE MANEUVER (M-4) BY
RELIANCE ON ATMOSPHERIC BRAKING ONLY. A reduction in mission energy
(hence, in orbital launch weight) might be achieved by not using retro-thrust for re-
capture near Earth prior to atmospheric entry and using the atmosphere directly for
slowing down from hyperbolic to suborbital speed. The aerothermodynamic and tech-
nological feasibility of entry at 40, 000 to 70, 000 ft/sec would have to be verified by
actual flight experience -- an expensive and time consuming project. The capa-
bility of the crew to withstand the associated acceleration which would exceed the
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already high acceleration at near-parabolic speed (lunar return, Project Apollo) if a
drag body is used can probably be assured even at the end of a prolonged existence at
low g-level as during an interplanetary mission, by stepping up muscle-building exer-
cises on-board during the return coast. Perhaps the most critical aspect of this
approach is that in the case of a ""miss" the crew does not have a second chance and
would re-escape Earth, unless the velocity were reduced to at least near -parabolic.
Finally, in order to enter at hyperbolic speeds, the drag parameter (CpA/W) of the
Earth entry module (EEM) must be increased greatly over that of a capsule entering
at near -parabolic velocity; or, variable negative and positive lift has to be applied
and the proper lifting surfaces have to be provided. These provisions, too, cost
weight and must be carried through the entire mission at corresponding propellant
expense in the individual stages. On the other hand, by reducing the systems weight
prior to the Earth recapture maneuver to the utmost (e.g., jettisoning the entire life
support system and housing the crew in the EEM, and jettisoning all no longer needed
equipment), and by reducing the velocity to a value no less than slightly sub-parabolic,
the (chemical) propellant expenditure can be kept comparatively low. Figure 7-90A
shows a plot of atmospheric entry velocity Vezltry in the absence of any retro-thrust

braking, retro-impulse (Av*/v:) for impulsive slow-down to an
21‘00, €= -0.04 -

orbital energy € = -0. 04 at two-Earth-radii distance, and propellant consumption W
required to negotiate retro-impulse av® if ISp = 455 sec (high - pc Og/Hg) and if
Isp = 900 sec (all quantities as function of hyperbolic velocity e xcess v¥ 4 at Earth

. arrival).

1t is found that at v}, = 0.29 (Venus 1973-1, Mars 1973-1, cf. Tables 7-6 and 7-7) a
propellant weight of about 17,000 b (Igp = 455 sec) or of about 12,000 Ib (I = 900 sec)
is required. If this maneuver could be eliminated without any other weight penalty,
the departure weight of the graphite - Og/Hg (chemonuclear) Venus vehicle would be
reduced to about 85 percent of its original weight, from 550 t (1,214,000 1b) to 470 t
(1,031, 000 1b) ; the metal or metal carbide reactor vehicle departure weight would also
be reduced to about 82 percent, from 479 t (1,054,000 lb) to 394 t (866,000 1b). For
the Mars 1975-1 mission (v}, = 0.3842) the reduction of the Earth departure weight

is about 22 percent, from 1108 t (2,435, 000 lb) to 867 t (1,908, 000 1b) for the chemo-
nuclear vehicle and 26 percent, from 987 t (2, 166,000 lb) to 725 t (1,596, 000 1b) for
the metal reactor vehicle, (For a weight breakdown of the vehicles for the standard
mission profiles with Earth capture maneuver M-4, see Section 8.)

Generally, for the 1973 and 1975 mission windows, the gross reduction in Earth de-
parture weight indicated by elimination of M—4 lies between 15 and 27 percent, Of
course, the net savings are lower because more structural and heat shield weight

has to be carried along on the trip as the Earth entry velocity is increased. The
dashed curve indicates the approximate excess weight of a high-drag entry vehicle
over that of the modified (for 8 persons) Apollo capsule (about 10,000 Ib) as a function
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of v 4 (cf. Figure 7-90B). This curve indicates a weight superiority, over a capture
maneuver, of up to vis4 ~ 0.25 Ventry ™ 12 km/sec ~ 43, 000 ft/sec) if the Ig of the
M-4 system is 900 sec and upto v}, ~ 0.3 (Ventry ~ 14,5 km/sec ~ 47,500 ft/sec).
At higher values of v: 4 @ capture maneuver, or possibly a combination of retro-
maneuver (without '""capture", i.e., remaining in the € > 0 regime) and high-drag
body, are superior, These conclusions are tentative and based on the configuration
and weight data shown in Section 8 for the Earth Entry Vehicle.

Two entry paths can be flown with a high-drag vehicle, either direct entry with attitude
control or a two-step Hohmann braking maneuver, reducing the velocity, during the
first step, from hyperbolic to € ~ -0.04 and during the second step entering the

Earth's atmosphere permanently (Figure 7-91). The latter maneuver requires a less-
stringent control of the first and second entry corridor. This is especially important
with respect to the first entry corridor because of the very high speed and the associated
possibility of high deceleration and high temperatures. An analysis of entry corridor
tolerances as functions of entry velocity, W/A and deceleration during the atmospheric
passage has been started, but could not be completed during the study period.

If the above result remains valid after further study, it must be concluded that a

modest reduction in Earth departure weight can be achieved in the region of approach
velocities 0.1 < v"éo4 < 0.2 by adopting the method of atmospheric capture, and in the
high-velocity region (v: 4 2 0.35) by applying the retro-thrust capture maneuver. The
reason why the gain is modest lies in the fact that the drag method is compared with
retro-thrust at fairly high specific impulses and, for this reason, the propellant weight in
the region 0.1 < v: 45 0.21s small also. The resulting reduction in Earth departure
weight is of the order of 10 percent,

7.13 ELLIPTIC CAPTURE ORBITS. If the capture orbit is not circular, Av*/v:
decreases with increasing ellipticity until, for ¢ = 0 (l.e., for impulsive slow-down
to parabolic speed) , Av*/v¥ reaches its lowest value. The reduction of Av*/v¥ is a
function of hyperbolic excess and capture distance, as well as of the gravitational
field (K) of the target planet. Generally, one can define a correction factor « with
which to multiply Av*/v* for circular capture orbits (wheren = r A/rP =1).

% *
avx -« A‘; (7-41)
Ve Ve
n>1 n=1
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where
2K/r
1+ 1 oo
2 r/r ‘\J
v 00
2K/r K/r
1+ (o} _ _1_ 00
r/r Y r/r
v 00 kS 00

To show the effect of capture (or departure) orbit ellipticity on the impulsive capture

(or escape) velocity change to (or from) the periapsis, Figure 7-92 shows the correction
factor versus ¢ for two Venus distances and one Mars distance and each for two hyper-
bolic excess velocities which correspond to values found in the forementioned mission

windows,
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The effect of ellipticity of the capture orbit on the orbital departure weight of a given
planetary vehicle is shown in Figures 7-93 and 7-94. On the example of the Venus ship,
it is shown that the elliptic capture method is more effective for a given n-value when
the periapsis distance is kept small (cf. also Section 8).

It must be emphasized that the reduction in orbital departure weight indicated in
Figures 7-93 and 7-94 is based on the premise that the escape as well as the capture
maneuver takes place at the periapsis of the capture orbit. This is the most favorable
case, Assuming correct approach of the target planet, the capture maneuver will
occur at the periapsis. However, the orientation of the hyperbolic departure vector
may prevent the departure maneuver from taking place at the periapsis. The weight
savings are reduced when departure occurs at any other point of the ellipse -- in the
worst case, at the apoapsis, For this case Equation 7-42 becomes

K/r K/r
Av* 1 00 1 1 00
= Yty nrr. v NPT T (7-43)
* n
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The effect of 1/n in the second term outweighs that of 1/n in the first term, Figure
7-95 shows the variation of (Av*/vo";)r and (Av*/v¥) r, as functions of n for v¥ =0.1
P

and 0.5. It is seen that the effectiveness of the elliptic capture orbit can be seriously

eccentric ellipse which, in turn, is changed (impulse 2) to a distant circular orbit,
converted back (impulse 3) to the formenr elliptic orbit and finally (impulse 4) turned
into the desired elliptic capture orbit whose periapsis is now in the correct location
for the departure maneuver at termination of the capture period. Plane changes, if
needed, can be incorporated most effectively in maneuver 2 or 3, Maneuvers 2 and

3 are the less expensive the farther out the apoapsis. The maximum distance of the
intermediate circular orbit, however, is limited by the requirement that the coast
period between maneuvers 2 and 3 should not exceed a specified fraction of the capture
period. At 19 Mars radii, for example, the circular orbital velocity is already down
approximately 2, 4 deg/hr. Assuming, for example, arrival and departure at v¥=0.1
EMOS and a four -impulse capture maneuver with an intermediate circular orbit at
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3

Figure 7-96. Four-Impulse Elliptic Capture Maneuver or
Escape Maneuver (Reverse Sequence)

19 ry, and a terminal elliptic capture orbit of n = 4 (rp = 1.31 ry,) , the four maneu-
vers and the departure maneuver (taking place at the periapsis) amount to:
Av* . .
i 0.338 (Fig. 7-95) +0.016 + 0.016 + 0,119 + 0.457 (Fig. 7-95) = 0.946

[+ <]
(or Av* = 0,0946 EMOS), By comparison, for arrival and departure from the n = 4
capture orbit without intermediate maneuver, Av*/v¥ = 0,914 (Figure 7-95); for
arrival at the periapsis and departure at the apoapsis of the n = 4 orbit, Av*/v% = 1,44
(Figure 7-95) ; and for arrival and departure from a circular capture orbit at 1.31 rg,
distance, Av*/v¥ = 1,474, The example, which represents a typical case, shows
that by means of the four-impulse capture technique the weight reductions offered
by the elliptic capture orbit can essentially be maintained.

The process can be reversed by capturing directly in the n = 4 orbit and going through

a four-impulse departure maneuver, This has three added advantages: First, the
capture orbit period does not have to be a sub-multiple of the capture period; the
position of the periapsis can be determined when the exact departure time (which may
be different from the original target value) is specified. Second, the correct orbit
plane for departure can be established when the exact departure date is specified.

Third, the departing vehicles will be lighter, because much equipment will be abandoned
at termination of the capture period, so that the intermediate maneuvers require less

propellant,
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7.14 EFFECT OF MASS RATIO DISTRIBUTION ON EARTH DEPARTURE WEIGHT.
The principal factor determining the mass ratio of the planet ship is the product of

the mass ratios resulting from the four main maneuvers (M-1 through M-4) of the
capture mission, This product is of course independent of the mission velocity distri-
bution, i,e., the distribution of the overal velocity requirement over these four
maneuvers; but the Earth departure weight is not independent of it due to the effects

of mass fraction and specific impulse, which are not necessarily the same for each
propulsion section (''stage'). The propellant weight for a given stage follows from
the mass fraction (X), the mass ratio (u) and the payload weight (Wy). The pro-
pellant weight for a given stage is

¥
W T 1-X (7-44)

u -1 X

The wet inert weight is

W, =~ W_. (7-45)

" The burnout weight is

= 7-46
WB wb + Wl ( )

and the ignition (gross) weight is

- ) 7-47
WA WB +Wp ( )

Thus, the factors affecting the gross weight (W) of the vehicle, prior to a given
maneuver, are seen to be u (velocity change, specific impulse), X and, of course,

Wy . The mass fraction depends upon the size of the propellant tanks and upon whether
a separate engine is needed for each propulsion section.

In the interest of keeping Earth departure weight as low as possible consistent with
the type and objectives of the mission, it is important to understand how the mission
velocity distribution affects the Earth departure weight of a planetary ship of given
terminal payload weight (i.e., the payload weight left at the beginning of the Earth
capture maneuver, M-4), of given specific impulse for each propulsion section, of
consistent variation of the mass fraction (i.e., similarity of basic design) and of
given weight variation during the mission coast periods. Knowledge of "favorable"
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and "unfavorable" mission velocity distribution is an important factor in the comparative
evaluation of interplanetary mission profiles.

In order to obtain a '"first-cut' answer to this question, an analysis was made to
determine the Earth departure weight W ; of a four-stage planet ship for a large
variety of specific impulses and ideal velocity changes during the mission, distributed
in various combinations. The analysis started during the initial phase of the study by
assuming a limited variation of the mass fraction with stage size of stage 4, while
holding the other mass fractions constant. The payload fraction

Wi

1234 WA1

A (7-48)

was determined for various combinations of a total mission velocity of 100, 000 ft/sec
(30.5 km/sec), which corresponds to 2‘{ vy of the order of 1.2 to 1.4, This is on
the high side, but the trends shown are representative for lower mission velocities
also, if the mass fractions and specific impulses are similar. Specific impulses
corresponding to nuclear and to chemonuclear vehicles were used. In this first
analysis, no allowance was made for weight changes during coast periods. Therefore

w
4 4
X,= T A= nl——WA (7-49)

The results are shown in Figure 7-97. First, it is noted that the trend is constant,
i.e., the mission velocity distribution yielding highest payload fraction at Igp = 900
sec also yields the comparatively highest value at lower specific impulses. Secondly,
it is seen that the highest payload weight fraction is consistently obtained when large
velocity changes occur at M-2 and M-3, and between these two, when the largest
velocity change is required at M-3 (target planet departure). This result is strongly
affected by the high values used for mass fractions X5 and Xj.

To account more precisely for the variation of the mass fraction with the size of the
propulsion unit, the more or less continuous variation of X with the stage size must
be taken into consideration. Figure 7-98 shows a plot correlating the values of X
with the stage gross weight for nuclear vehicles only. The top curve is for stages 2
and 3 on the basis that the same engine is used for both maneuvers and that this
engine is small, weighing approximately 3000 pounds and producing a thrust of

30, 000 pounds. The same engine was assumed for M-4, but here the propellant load
is so much smaller for the Earth c apture maneuver to € = -0. 04, that a smaller mass
fraction is obtained. For the escape booster a single nuclear engine of 700-k thrust
was assumed. (For detailed engine data, which are classified, cf. Addendum of this
report.) Assuming individual engines of 200-k thrust each for maneuvers M-2 and

M-3, the mass fractions X2 and X3 are reduced to values similar to Xl' Therefore,
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they were combined with X in one curve, It should be noted that refinements in
weight analyses during the second half of the study phase have led to improved mass
fraction curves, which are shown in Section 8 of this report.

Since a value of X is needed to compute W A and since, on the other hand, X is a
function of W, , the use of the curves in Figure 7-37 involves a trial-and-error
procedure for the computation of each of the four ignition weights. As a further
refinement, certain weight reductions during coast phases have been fed into the
computation process. Therefore, Equation 7-49 is no longer valid. Each of the
four stage weights has to be computed for each of the many combinations, and the
M-4 payload weight (W) 4) divided by the Wy obtained, in order to obtain the desired
payload fraction A4 = WX4/W A1l- As before, W, 4 represents the terminal payload,
defined as the sum of Earth Entry Module plus its associated propulsion system for
M-5 (cf. Figures 7-1 through 7-3). As before, the absolute values of Wpj or Ay
are not of prime interest (since no specific mission is assumed here), but rather
the change in A4 with varying mission velocity distribution and specific impulse.

A round value of 10, 000 pounds (4.545 t) was assumed for the terminal payload.
Because of the considerable computational effort involved, a computer program was
set up. The computation process and the associated specifications are présented in
Table7-11. The symbols W and Wg have the same meaning as defined in Table 7-2.
The large weight reduction (90, 000 1b) prior to M-4 is due to the jettisoning of the
entire LSS module, except for the Earth entry module,

The results of those computations are shown in Figures 7-99 through 7-101, for a
total mission velocity of 60, 000 ft/sec (18.3 km/sec), 70,000 ft/sec (21.4 km/sec)
and 90, 000 ft/sec (27.4 km/sec), respectively. For these total mission velocities,
9, 10, and 7 velocity combinations, respectively, are shown, For each combination,
four different combinations of specific impulses are presented. The mission velocity
distributions show the effect of large velocity changes at M-1, M-2, or M-3. The
specific impulse distributions show the effect of low Ispl: low Isp4v and equal ISp

for all maneuvers. From these figures the following conclusions can be drawn,

First, the interesting fact stands out that without exception the payload fraction is
highest when the M-3 velocity change is large.

Second, the payload fraction is consistently low when the M-1 velocity change is high.
This goes so far as to yield a (comparatively) significantly higher payload fraction

for velocity distribution 5 in Figure 7-100 (where M-1 = 10, 000 ft/sec, M«4 = 15,000
ft/sec) than for velocity distribution 3 (where the situation is reversed). This appears
contrary to what one would intuitively be inclined to assume, especially since X, is
smaller than X;. The result can be understood, however, if one considers the fact
that a higher p 4, mass ratio involves a far smaller mass increase than is caused by
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Table 7-11. Computation Process for Determining the Effect of

Mission Velocity Distribution on the Earth Departure
Weight

Ws 4 = 10,000 1b (constant)
Isp4 = 800, 840, 860 sec
Avigq = 10,000, 15,000, 30,000 ft/sec

|

Determination of Wp4, Wpas Wg4» and Waq by successive
approximation using Figure 7-98

Y

Wc3 = WC4 + 20,000 b = W>\3
Isp3 = 800, 840, 860, 900 sec
Avigs = 10,000, 15,000, 25,000, 30,000 ft/sec

!

Determination of Wp3, Wp3, Wgs, and Wy 3 by successive
approximation using Figure 7-98

|

Wg2 = Wgg + 30,000 Ib = W) g
ISpZ = 800, 840, 860, 900 sec
Avigqe = 10,000, 15,000, 25,000, 30,000 ft/sec

]

Determination of sz, Wha, Wpo, and W A2 by successive
approximation using Figure 7-98

Y

WC2 = WA2 +0,.1 sz + 2000 1b

WCl = Wcz + 50,000 1b = W)\l

ISpl =760, 800, 840, 900 sec

Avigp = 10,000, 15,000, 20,000, 25,000, 30,000 ft/sec

'

Determination of Wp1= Wp1: Wges and W1 by successive
approximation using Figure 7-98

{

)\4 = lO,OOO/WAl
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the same increase in mass ratio py. The difference is large enough so that even
the augmentation of the M-4 mass ratio increase through the multiplication by p 3

p 2, and 1 does not change the picture. In other words, an increase in y 1 is more
critical (within limits) than an increase in u 4» €ven though the trade-off factor for
the first stage is much smaller than that for the fourth stage.

Third, it is found that the most favorable mission velocity distribution is generally
characterized by evenly distributed velocity changes for M-1, M-2, and M-4, and a
peak velocity change at M-3. Extremes at either end of the mission result in lower
payload fractions. However, if a choice is to be made between a higher velocity
change at M-1 than at M4, or vice versa, the advantage of higher payload fraction
goes to the higher velocity change at M-4.

Fourth, concerning the effect of specific impulse, it is of interest (and perhaps
somewhat surprising) to note than an ISp reduction of 20 seconds for M-2 through
M-4 (from 860 to 840 sec) overcompensates the effect of an Igp increase of 80
seconds (760 to 840 sec) for M-1.

Fifth, an across-the-board increase of 5 perc